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Ill 


FOREWORD 


This  report  was  prepared  in  accordance  with  paragraph  6, 
Clause  2  of  Army  Contract  DA  44-177-TC-832  and  summarizes  the  re¬ 
sults  of  a  preliminary  design  of  a  hot  cycle  propulsion  system  research 
aircraft  performed  under  paragraph  a.  Clause  1  of  the  same  contract* 

It  also  includes  a  preliminary  design  of  the  modifications  that  will  be 
required  to  adapt  an  existing  whirl  test  facility  at  the  Contractor's  plant 
to  the  twin-engine  power  plant  installation  of  the  research  aircraft. 

This  whirl  test  facility,  fabricated  under  Contract  AF  33(600)-30271, 
was  used  to  perform  a  60-hour  feasibility  whirl  test  on  an  existing  rotor 
that  will  be  installed  on  the  research  aircraft. 

This  work  was  performed  at  the  Hughes  Tool  Company  - 
Aircraft  Division,  Culver  City,  California,  under  the  direction  of  Mr. 

H.  O.  Nay,  Manager,  Transport  Helicopter  Department,  and  under  the 
direct  supervision  of  Mr.  J.  L.  Velazquez,  Senior  Project  Engineer, 

Hot  Cycle  Program. 

The  Contract  was  effective  on  December  29,  1961.  The 
work  was  completed  on  June  22,  1962. 
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1.  SUMMARY 


In  accordance  with  Army  Transportation  Research  Command 
Contract  DA  44- 177-TC-832,  a  preliminary  design  study  has  been  made 
of  a  hot  cycle  propulsion  system  research  aircraft.  This  design  was 
based  on  using  the  hot  cycle  pressure  jet  rotor  system  developed  under 
Air  Force  Contract  AF  33(600)- 30271  and  will  incorporate  two  gas 
generator  versions  of  the  General  Electric  T64  engine.  The  design 
gross  weight  of  the  research  aircraft  will  be  15,  300  pounds  at  normal 
load  factors.  This  preliminary  design  study  included  investigation  of 
the  general  configuration,  performance,  weight  and  balance,  stability 
and  control,  structural  characteristics,  and  dynamic  characteristics  of 
the  research  aircraft. 

The  configuration  of  the  aircraft  chosen  in  this  study  permits 
operation  as  an  autogyro  as  well  as  a  helicopter.  When  operating  as  an 
autogyro  at  a  weight  sufficient  for  test  purposes  (10,  000  pounds),  this 
research  aircraft  is  estimated  to  have  a  maximum  speed  of  approximately 
200  knots.  The  alternate  overload  gross  weight  will  provide  the  capa¬ 
bility  of  lifting  a  15,  000-pound  payload  in  hover. 

Based  upon  the  configuration  of  the  Research  Aircraft  as  ob¬ 
tained  from  this  study,  a  preliminary  design  was  made  of  the  modifica¬ 
tions  to  the  existing  whirl  tower  that  are  required  to  permit  testing  of 
the  complete  rotor  and  propulsion  system  of  the  research  aircraft.  The 
study  of  modifications  to  the  whirl  tower  is  included  here  as  an  Annex  to 
this  report. 
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2.  INTRODUCTION 


This  report  summarizes  the  work  accomplished  under  Army 
Contract  No.  DA  44-177-TC-832.  The  principal  objective  of  that  Con¬ 
tract  was  to  perform  a  preliminary  design  study  of  a  hot  cycle  propul¬ 
sion  system  research  aircraft  utilizing  the  hot  cycle  pressure  jet  rotor 
system  developed  under  Air  Force  Contract  AF  33(600)-30271  and  in¬ 
corporating  two  T64  gas  generators.  The  design  gross  weight  of  the 
aircraft  was  to  be  at  least  15,  000  pounds  at  normal  load  factors.  The 
preliminary  design  was  to  establish  the  general  configuration,  dynamic 
characteristics,  performance,  stability  and  control,  and  structural 
characteristics  of  the  research  aircraft.  The  design  study  was  to  be 
based  on  the  utilization  of  available  components  to  the  maximum  extent 
possible.  Information  sufficient  to  establish  the  weight  of  all  major 
systems  as  well  as  to  permit  evaluation  of  their  functional  and  struc¬ 
tural  integrity  was  to  be  determined.  Specification  MIL.-H-8501  A  was 
to  be  used  as  the  stability  and  control  objective. 

This  contract  also  required  that  the  contractor  furnish  a 
preliminary  design  of  the  modifications  to  the  whirl  tower  as  required 
to  permit  testing  of  the  complete  rotor  and  propulsion  system  of  the 
research  aircraft.  The  whirl  tower  modifications  are  included  as  an 
Annex  to  this  report. 

The  initial  work  done  under  this  contract  was  an  evaluation 
of  a  "flying  crane"  type  of  helicopter  with  a  tubular  steel  fuselage. 
Earlier  company-funded  studies  had  indicated  that  this  type  of  heavy- 
lift  helicopter  might  be  the  best  vehicle  to  demonstrate  the  flight  char¬ 
acteristics  of  the  hot  cycle  propulsion  system.  However,  it  became 
clear  as  this  present  study  progressed  that  it  was  possible,  with  little, 
if  any,  increase  in  weight  or  cost,  to  arrange  available  major  compo¬ 
nents  such  as  the  rotor,  engines,  diverter  valves,  and  landing  gear 
into  the  configuration  shown  on  the  frontispiece  of  this  report,  which  is 
aerodynamically  cleaner  than  the  usual  conception  of  a  "flying  crane.  " 
With  this  final  configuration,  it  was  found  possible  to  obtain  not  only 
heavy-lift  capability  in  hover,  but  very  attractive  cruise  performance 
as  well,  with  potential  speeds  of  up  to  200  knots  in  the  autogyro  mode. 
This  report  describes  the  evolution  of  the  final  chosen  configuration 
and  includes  information  on  the  estimated  performance  of  the  aircraft 
as  well  as  a  discussion  of  all  major  systems. 
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3.  GENERAL  CONFIGURATION  STUDY 


3.  1  PRELIMINARY  INVESTIGATION 

Shortly  before  the  present  contract  was  started,  the  con¬ 
tractor  made  brief  preliminary  studies  of  possible  configurations  of 
research  aircraft  to  demonstrate  the  suitability  of  the  hot  cycle  propul¬ 
sion  system  for  helicopter  applications.  It  was  decided  that  a  heavy- 
lift,  "flying  crane"  aircraft,  using  existing  components,  would  serve 
the  purpose.  The  external  cargo  configuration,  shown  in  Figure  1,  was 
chosen  with  the  thought  of  minimizing  fuselage  structure.  Because  of 
the  drag  of  the  external  cargo,  cruise  speed  with  external  payload  was 
estimated  to  be  about  80  knots.  At  this  low  cruise  speed,  it  was  felt 
that  one  engine  could  be  placed  forward  and  the  other  aft  of  the  rotor 
center  line  without  having  serious  differences  in  ram  recovery  pres¬ 
sure  to  the  two  engines.  The  fore  and  aft  engine  location  shown  would 
make  easier  the  problem  of  balancing  the  helicopter.  This  first  con¬ 
figuration  was  based  on  use  of  the  existing  hot  cycle  rotor,  a  modified 
Hughes  269A  cabin,  and  an  H-34  landing  gear.  The  diverter  valves  (or 
dump  valves  as  called  out  in  Figure  1)  were  to  be  supplied  by  Hughes 
especially  for  this  aircraft. 

3.2  MISSIONS  FOR  RESEARCH  AIRCRAFT 

As  soon  as  active  design  work  started  on  the  present  con¬ 
tract,  it  became  clear  that  an  aircraft  of  the  configuration  of  Figure  1 
would  have  limited  performance  and  utility  for  test  purposes  compared 
to  what  could  be  achieved  with  judicious  rearrangement  of  the  major 
components,  plus  reasonable  attention  to  drag  reduction.  To  permit  a 
more  complete  evaluation  of  the  concept,  a  change  of  viewpoint  was 
caused  by  a  realization  of  the  design  freedom  and  performance  gains 
permitted  for  the  basic  helicopter.  Also,  test  of  the  research  aircraft 
in  the  autogyro  mode  could  be  conducted  if  the  already  available 
General  Electric  J85  diverter  valve  were  to  be  used  instead  of  the 
proposed  special  T64  diverter  (dump)  valve  referred  to  in  Section  3.  1. 

A  discussion  of  the  features  of  the  J85  valve  is  given  in  Section  3.4. 
Once  this  increased  performance  capability  was  recognized,  the  follow¬ 
ing  tentative  set  of  mission  requirements  was  set  down  to  be  used  as 
objectives  of  a  test  program  for  the  research  aircraft: 

a.  Investigation  of  rotor  characteristics  in  free  hovering 
flight  and  forward  flight  as  a  helicopter  for  loads,  performance,  and 
flying  qualities. 


b.  Demonstration  of  heavy-lift  capability  in  hover. 
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c.  Limited  exploration  of  high-speed,  unloaded- rotor  auto¬ 
gyro  mode  flight  regime. 

3.3  OVER-ALL  CONFIGURATION  CONSIDERATIONS  FOR 

PRELIMINARY  DESIGN 

In  order  to  select  the  configuration  best  suited  to  evaluate 
the  concept,  the  following  criteria  were  used  as  design  guides. 

3.  3.  1  Maximum  Net  Lifting  Ability 

a.  Minimum  download  on  tail  and  fuselage 

b.  Minimum  length  of  hot  gas  ducting  to  reduce  pressure 

drops 

c.  Maximum  engine  inlet  ram  recovery  and  minimum  dis¬ 
tortion  to  conserve  power  available. 

3.  3.  2  Weight  and  Strength 

a.  Efficient  arrangement  of  structure  to  minimize  weight 

in  joints 

b.  Optimum  fuselage  depth  for  given  fuselage  length  to  ob¬ 
tain  lowest  weight  fuselage 

c.  Landing  gear  location  to  provide  adequate  wheel  base, 
tread,  proper  strut  operation,  and  minimum  carry-through  structure. 

3.  3.  3  Longitudinal  Balance 

Center  of  gravity  to  be  located  at  centerline  of  rotor. 

3.3.4  Satisfactory  Flying  Qualities  (in  addition  to  MIL-H-8501A) 

a.  Smooth  transition  into  and  from  forward  flight 

b.  Minimum  shake  and  vibration  due  to  fluctuating  tail  load 

c.  Adequate  control  power  versus  vertical  CG  location. 

3.  3.  5  Cost  and  Schedule  Requirements 

a.  Use  of  available  components 

b.  Use  of  simple  tooling 
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Figure  1.  Initial  Crane-Type  Research  Aircraft. 


c.  Cost  analysis 

d.  Single  curvature  surface  for  fuselage  and  tail  where 
possible  to  reduce  cost. 

3.3.6  Adaptability  to  High-p  Flight  Investigations 

a.  Low  drag  to  obtain  high  speed 

b.  Maximum  jet  thrust  as  an  autogyro  with  hot  jet  clear  of 

structure 

c.  Freedom  from  buffeting  and  flow  separation 

d.  Good  inlet  conditions  at  high  speeds. 

3.3.7  Adaptability  to  Heavy- Lift  Crane  Demonstration 

Cargo  hook  attachment  provisions  near  vertical  and  hori¬ 
zontal  CG  location¬ 
s'. 8  Ease  of  Maintenance 

a.  Accessibility  to  engines,  rotor,  and  controls 

b.  Structural  simplicity. 

3.  3.  9  Safety  Considerations 

a.  Pilot  vision 

b.  Fire  isolation 
a.  Crash  safety. 

3.4  USE  OF  J85  TYPE  DIVERTER  VALVES 


The  General  Electric  J85  diverter  valve  shown  in  Figures 
2(a)  and  2(b)  was  investigated  shortly  after  this  contract  was  started. 

An  important  characteristic  of  this  valve  (which  is  oversize  and  heavier 
than  a  special  T64  diverter  valve  would  be)  is  that  it  produces  approxi¬ 
mately  the  same  low-pressure  drop  for  diverted  flow  as  for  straight- 
through  flow.  As  a  result,  it  can  be  used  in  the  diverted  position  to 
duct  gases  to  the  helicopter  rotor  without  serious  pressure  drops  and 
power  losses.  In  the  straight-through  flow  condition,  if  both  engines 
are  located  forward  of  the  rotor  and  if  the  gases  are  directed  properly 
to  the  rear,  as  is  possible  with  the  valve  shown  in  Figure  2,  an 
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Figure  2a.  General  Electric  J85  Diverter  Valve,  General  Arrangement. 


Figure  2b.  General  Electric  J85  Diverter  Valve,  Interior  Arrangement. 
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appreciable  jet  thrust  adequate  for  high-speed  autogyro  flight  would  be 
available.  The  original  diverter  valve  configuration  shown  in  Figure  1 
would  have  to  be  a  special  valve,  not  now  available,  which  would  divert 
gases  to  the  side  and  send  them  to  the  rotor  in  the  straight-through 
position.  Thus,  autogyro  flight  could  not  readily  be  obtained.  In  addi¬ 
tion,  the  geometry  of  the  special  valve  of  Figure  1  would  force  location 
of  the  center  of  gravity  of  the  engines  further  from  the  rotor  center  line 
to  get  gases  to  the  rotor  than  would  be  necessary  if  J85  valves,  in  the 
diverted  position,  were  used.  As  a  result,  it  would  be  very  difficult  to 
balance  a  helicopter  with  two  forward-facing  engines  and  special  T64 
size  diverter  valves  that  led  the  engine  gases  to  the  rotor  in  this 
straight-through  condition.  The  use  of  the  J85  valves  would,  on  the 
other  hand,  permit  more  freedom  in  configuration  study  than  could  be 
obtained  with  a  special  diverter  valve  of  the  Figure  1  configuration. 

3.  5  CONFIGURATION  FEATURES  INVESTIGATED 


Based  on  the  considerations  outlined  in  the  preceding  two 
sections,  the  configuration  features  which  were  investigated  before 
choosing  a  final  configuration  were  principally  the  following: 

a.  Engine  location 

b.  Fuselage  shape  and  construction 

c.  Cockpit  arrangement 

d.  Empennage  configuration  and  location 

e.  Landing  gear  configuration  and  location 

f.  Ducting  and  valves. 

Comments  on  these  alternate  features  are  given  below. 

3.  5.  1  Engine  Location 

3.  5.  1.  1  Fore  and  Aft  Engines.  The  initial  engine  location  studied 
under  this  contract  was  the  fore  and  aft  arrangement  shown  on  Figure  1. 
This  arrangement  was  selected  on  the  basis  that  it  would  be  very  easy 
to  obtain  proper  CG  balance.  It  was  originally  felt  that  cruise  speeds 
would  be  low  and  that  very  little  ram  pressure  difference  would  occur 
between  the  fore  and  the  aft  engines;  therefore,  there  would  be  no  seri¬ 
ous  engine  performance  differences. 

Although  the  fuselage  shown  in  Figure  1  has  a  steel  tube 
type  of  fuselage,  this  fore  and  aft  engine  arrangement  could  be  used 
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just  as  readily  on  a  crane  with  the  fuselage  construction  changed  from 
steel  tube  to  semimonocoque.  Such  an  alternate  crane  fuselage  was 
considered  and  is  shown  on  Figure  3(a).  This  semimonocoque  fuselage 
construction  would  be  similar  to  that  used  on  the  Sikorsky  S-64  crane. 
However,  no  advantage  in  engine  performance  would  be  gained  here  by 
changing  the  fuselage  construction. 

More  detailed  analyses  of  the  engine  performance  in  high¬ 
speed  forward  flight  indicated  that,  if  the  fore  and  aft  engine  locations 
were  used,  the  rearward-facing  engine  might  experience  poor  ram  re¬ 
covery  because  the  flow  behind  the  pylon  would  probably  be  separated 
and  also  cause  the  flow  into  the  rear  engine  to  be  distorted.  The  for¬ 
ward  engine,  with  its  much  better  ram  recovery,  might,  at  the  esti¬ 
mated  maximum  cruise  speeds  near  200  knots,  experience  up  to  5  per¬ 
cent  higher  total  pressure  at  the  engine  inlet  with  far  less  distortion 
across  the  engine  face.  The  rear  engine  flow  distortion  could  cause 
stress  problems  in  the  compressor  blades  of  the  rear  engine,  due  to 
fluctuating  air  loads.  The  difference  in  ram  pressure  could  cause  dif¬ 
ferences  in  control  system  behavior  between  the  two  engines  since 
controls  are  influenced  by  inlet  pressure. 

3.5.  1.2  Both  Engines  Forward-  It  was  therefore  seen  to  be  desir¬ 
able  to  face  both  engines  forward  for  performance  and  stress  reasons. 
A  sketch  of  such  an  engine  arrangement  for  a  flying  crane  type  of  fuse¬ 
lage  is  shown  in  Figure  3(b).  It  was  found  that  the  aircraft  could  be 
balanced  properly  if  both  engines  were  located  facing  forward  through 
the  use  of  J85  diverter  valves. 

3.  5.  1. 3  Engine  Lateral  Location-  After  the  forward  location  of 
engines  was  found  to  have  performance  and  stress  advantages  with  no 
sacrifice  in  ease  of  balance,  attention  was  given  to  the  lateral  location 
of  the  forward-facing  engines.  The  following  arrangements  were 
considered: 

a.  Closely  spaced  engines 

b.  Partly  separated  engines 

c.  Widely  separated  engines  on  lateral  pylons. 

Each  of  these  lateral  engine  locations  was  investigated  relative  to  a 
semimonocoque,  low-drag  fuselage,  which  was  the  final  stage  of  fuse¬ 
lage  design  development  in  this  study  and  which  is  shown  in  Figure  4. 

3.  5.  1. 3.  1  Closely  Spaced  Engines,  (Figure  4(a)).  In  this  version,  the 
distance  between  the  two  engines  is  minimum,  separated  only  enough  to 
put  the  rotor  controls  between  the  engine  ducting.  This  close  spacing 
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(a)  Engines  Fore  and  Aft 


I 


,b>  T»°  Engine  a  Forward 


Figure  3. 


Flying  Cran 


'  Wi'h  SemiD1°nocoque  F„..Uge 
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(a)  Closely  Spaced  Engine 


i 

(b)  Partly  Separated  Engines 


Figure  4.  Low  Drag  Semimonocoque  Fuselage* 
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precludes  the  use  of  the  existing  "Y"  duct  to  introduce  the  gas  from  the 
two  engines  to  the  rotor  hub.  Instead,  a  new  "Y"  duct  is  required. 

Also,  because  of  the  geometry  of  the  ducting,  a  special  diverter  valve 
would  be  required  in  order  to  duct  the  flow  to  the  rotor  and  to  permit 
straight-through  flow  of  gas  for  evaluation  of  the  autogyro  flight  regime. 
Of  the  three  lateral  engine  locations,  this  closely  spaced  version  has 
the  lowest  frontal  area.  However,  the  engine  inlets  would  be  located 
just  to  the  rear  and  above  the  pilot's  head,  so  this  arrangement  would 
be  poor  in  case  of  a  crash  and  is  unattractive  from  safety  considerations. 
Furthermore,  the  limited  space  between  the  engines  would  result  in  un¬ 
acceptably  poor  accessibility  to  the  engine  accessories. 

3.  5.  1.  3.  2  Partly  Separated  Engines,  (Figure  4(b)).  This  configuration 
had  two  substantial  changes  from  the  preceding  configuration.  It  used 
the  existing  "Y"  duct  to  lead  gases  into  the  rotor  hub  and  it  also  used 
the  existing  J85  diverter  valve  directly  coupled  to  the  "Y"  duct.  Gases 
were  directed  to  the  rotor  with  the  valves  in  the  diverted  position  and  to 
the  rear  with  the  valves  in  the  straight-through  position. 

Because  of  the  gap  between  the  partly  separated  engines, 
the  engine  diverter  valve  and  "Y"  duct  combination  could  be  located 
lower  on  the  fuselage  than  could  the  closely  spaced  arrangement  of  Sec¬ 
tion  3.  5.  1.  3.  1.  In  addition,  because  the  J85  valves  permit  locating  the 
engines  closer  to  the  rotor  in  the  fore  and  aft  direction  as  pointed  out  in 
Section  3.4,  the  cockpit  can  also  be  located  closer  to  the  rotor.  All 
three  fuselages  studied  in  Section  3.  5.  1.  3  had  the  cockpit  located  just 
forward  of  the  engine  inlet  to  give  the  pilots  maximum  visibility.  With 
this  criterion  of  cockpit  location,  the  fuselage  with  the  partly  separated 
engines  will  be  shorter  forward  of  the  rotor  shaft  than  the  fuselage  with 
closely  spaced  engines.  In  addition,  the  length  of  fuselage  aft  of  the 
rotor  shaft  necessary  to  balance  the  aircraft  (with  the  same  stabilizer 
area  for  the  closely  spaced  engine  case)  will  also  be  less.  The  net  re¬ 
sult  will  be  a  fuselage  that  is  315  pounds  lighter.  Also,  because  the 
rotor  is  lower  on  the  fuselage,  the  vertical  center  of  gravity  is  lower, 
the  landing  gear  tread  can  be  reduced  for  equivalent  overturn  angle,  and 
the  landing  gear  weight  can  be  reduced  about  40  pounds. 

This  configuration  with  partly  separated  engines  will  have 
greatly  improved  accessibility  to  the  engine  accessories  compared  to 
the  closely  spaced  engine  version,  as  emphasized  in  Section  3.  3.8,  and 
improved  crash  safety  as  emphasized  in  Section  3.  3.  9i  because  the 
engines  will  be  displaced  laterally  from  being  directly  behind  the  pilot's 
head.  However,  the  parasite  area  of  this  fuselage  will  be  increased  by 
approximately  1  square  foot  due  to  increased  frontal  area,  wetted  sur¬ 
face,  and  interference  between  the  fuselage  and  nacelles. 
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3.5.  1.3.3  Widely  Separated  Engines  on  Lateral  Pylons  (Figure  4(c)). 
The  last  variation  of  lateral  engine  placement  was  location  of  the  engines 
at  the  ends  of  lateral  pylons.  The  parasite  area  for  this  arrangement 
was  computed  to  be  lower  than  for  the  partly  separated  engine  case  of 
the  last  section  and  only  slightly  worse  than  the  closely  spaced  engine 
version.  When  the  engines  are  placed  in  separate  nacelles  with  well- 
faired  pylons  connecting  them  to  the  fuselage,  the  reduction  of  interfer¬ 
ence  drag  is  enough  larger  than  the  increase  in  wetted  area,  compared 
to  the  partly  separated  engines  case,  that  the  overall  drag  is  reduced. 

Widely  separated  engines  also  result  in  the  highest  relative 
crash  and  fire  safety  of  the  three  lateral  engine  locations.  In  addition, 
the  accessibility  of  engine  accessories  is  far  superior  to  the  other  two 
locations.  Even  with  the  addition  of  the  lateral  pylons,  the  widely 
spaced  engine  configuration  has  an  empty  weight  that  is  320  pounds 
lighter  than  that  of  the  closely  spaced  engine  configuration. 

3.5.2  Fuselage  Construction 

There  were  three  variations  of  fuselage  construction  con¬ 
sidered  in  this  preliminary  design  study.  They  were: 

a.  Steel  tube  crane 

b.  Semimonocoque  crane 

c.  Semimonocoque  low-drag. 

The  steel  tube  type  of  fuselage  is  shown  in  Figure  1  and  represents  the 
initial  approach  to  design  of  the  research  aircraft.  A  welded  fuselage 
was  proposed  because  it  was  thought  to  be  inexpensive.  The  fuselage 
itself  was  to  have  been  covered  with  streamlined  metal  fairings,  as 
shown  in  Figure  1,  in  order  to  obtain  reasonable  high  speeds  as  a  heli¬ 
copter  for  test  purposes.  In  addition,  a  semimonocoque  fairing  behind 
the  cockpit  was  suggested. 

Reexamination  of  this  steel-tube-plus-cover-plate  fuselage 
indicated  that  a  more  efficient  type  of  construction  for  a  crane  fuselage 
would  be  to  use  semimonocoque  construction  (as  shown  in  Figure  3), 
because  it  would  be  lighter  than  the  first  version  of  Figure  1  with  per¬ 
haps  the  same  cost.  This  type  of  fuselage  construction  would  be  equiv¬ 
alent  to  that  used  on  the  Sikorsky  S-60  and  S-64  cranes. 

The  final  step  in  the  type  of  fuselage  construction  studied 
was  influenced  by  the  realization  that  high  autogyro  cruise  speeds  could 
be  obtained  with  the  research  aircraft  if  the  overall  drag  of  the  helicop¬ 
ter  were  low  enough.  A  study  was  made  showing  that  a  well-faired, 
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low-drag  fuselage  could  be  designed,  with  almost  all  the  skin  bent  in 
single  curvatures,  that  is  relatively  easy  and  inexpensive  to  form.  In 
fact,  as  will  be  pointed  out  in  Section  7.2,  Structural  Characteristics, 
the  semimonocoque,  low-drag  fuselage  is  actually  lighter  than  a  crane 
semimonocoque  fuselage  would  be  because  the  crane  fuselage  is  too 
shallow  for  its  long  length  to  be  efficient.  The  low-drag  fuselage  has  a 
better  ratio  of  depth  to  length,  which  will  result  in  a  fuselage  that  is 
lighter  and  cheaper,  besides  being  vastly  cleaner  aerodynamic  ally. 

3.  5.  3  Cockpit  Arrangement 

The  research  aircraft  is  to  use  existing  components  as  much 
as  possible  and  the  preliminary  version  of  the  aircraft  was  shown  in 
Figure  1  with  a  modified  cockpit  from  a  Hughes  269A  helicopter.  Use 
of  this  cockpit  (widened  to  suit  the  Figure  1  design)  would  have  resulted 
in  appreciable  savings  compared  to  designing  and  building  a  new  one. 
However,  the  drag  associated  with  this  cockpit  would  be  high  enough  to 
prevent  reaching  the  high  autogyro  cruise  speeds  that  were  being  sought. 
Therefore,  in  conjunction  with  the  use  of  a  semimonocoque,  low-drag 
fuselage,  described  in  Section  3.5.2,  a  study  was  made  of  the  use  of 
the  cockpit  from  the  Hughes  Model  369  helicopter  (the  Army  HO-6). 

This  cockpit  is  much  cleaner  aerodynamically  than  that  on  the  269A.  It 
was  found  that  it  could  be  mated  to  a  low-drag  fuselage  with  only  minor 
structural  changes  and  no  changes  in  external  contour,  thus  making 
available  a  cabin  interior  and  cockpit  flight  control  components  at  very 
little  cost. 


It  should  be  noted  that  the  high  autogyro  cruise  speeds  antic¬ 
ipated  for  the  research  aircraft  will  lead  to  airloads  on  the  plexiglass 
that  are  higher  than  the  design  loads  used  in  the  HO-6  design.  However, 
adequate  strength  and  rigidity  for  these  increased  airloads  can  be  ob¬ 
tained  for  a  small  increase  in  weight. 

3.5.4  Empennage 

The  empennage  configuration  originally  considered  for  the 
research  aircraft  consisted  of  a  horizontal  tail  plus  end  plates.  This 
tail  was  to  be  located  at  the  fuselage  station  corresponding  roughly  to 
70  percent  rotor  radius.  Thus,  the  tail  would  be  entirely  within  the 
rotor  downwash  during  hovering  and  would,  therefore,  experience  a 
substantial  download  which  would  result  in  a  smaller  net  thrust  from 
the  rotor.  This  tail  location  was  chosen  originally  in  spite  of  download 
because  less  abrupt  control  trim  change  would  be  experienced  by  the 
pilot  than  if  the  tail  were  located  further  aft  and  clear  of  the  rotor 
downwash. 
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Study  indicated  that  if  the  tail  were  changed  to  a  vee-type 
tail  instead  of  a  horizontal  tail  plus  end  plates,  the  rotor  downwash 
would  gradually,  rather  than  abruptly,  cross  the  tail  as  the  transition 
was  made  to  forward  flight  and  smooth  control  motions  would  result. 
Further,  if  the  tail  were  located  under  the  rotor,  it  would  be  subjected 
in  hovering  to  a  three-per-rev  excitation  which  might  be  amplified  as  a 
shake  of  the  fuselage.  This  source  of  excitation  would  be  removed  if 
the  tail  were  located  aft  of  the  rotor. 

3.  5.  5  Landing  Gear  Configuration  and  Location 

Three  landing  gear  arrangements  were  considered: 

a.  Tail  wheel  type,  with  main  gear  well  forward,  as  the 
crane  of  Figure  1 

b.  Tail  wheel  type,  with  main  gear  close  to  the  CG,  as  on 
the  low-drag  aircraft  of  Figure  4 

c.  Nose  wheel  type. 

Analysis  of  the  first  version,  which  was  predicated  on  the 
use  of  an  existing  H-34  landing  gear,  indicated  that  the  extreme  forward 
position  of  the  main  landing  gear  shown  in  Figure  1  would  result  in  a 
tail  wheel  load  far  higher  than  that  for  which  it  was  originally  designed. 
In  fact,  the  load  at  the  rear  wheel  for  this  configuration  would  indicate 
that  the  rear  wheel  should  be  of  the  same  size  and  strength  and  as 
heavy  as  one  of  the  main  wheels. 

By  relocating  the  main  landing  gear  farther  aft,  closer  to 
the  CG,  the  tail  wheel  load  can  be  reduced  considerably,  to  the  point 
where  the  load  distribution  between  the  main  and  rear  wheels  would  be 
the  same  as  the  load  distribution  on  the  H-34  landing  gear  when  in¬ 
stalled  on  the  H-34  helicopter.  Obviously,  it  was  not  possible  with  the 
fuselage  shown  in  the  Figure  1  design  to  locate  the  main  H-34  landing 
gear  back  near  the  CG  because  of  the  absence  of  supporting  structure. 

If  a  low-drag  fuselage  is  used,  instead  of  the  pod-type  crane  fuselage, 
there  will  be  adequate  structure  near  the  CG  to  locate  a  main  landing 
gear  so  that  the  available  H-34  landing  gear  could  be  used. 

A  third,  nose  wheel  type  of  landing  gear  was  considered. 
Analysis  indicates  that  this  type  of  landing  gear  will  have  superior 
stability  for  roll-on  type  landings.  However,  a  nose  wheel  type  is  in¬ 
herently  heavier  because  of  the  nature  of  its  loading  spectrum  than  a 
tail  wheel  type.  In  addition,  the  aft  structure  of  an  aircraft  with  nose 
wheel  type  landing  gear  must  be  designed  to  take  impact  loads  for 
nose-high  landings.  Thus,  the  nose  wheel  type  gear  leads  to  more 
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weight  forward  and  aft  of  the  CG.  which  would  result  in  higher  manufac¬ 
turing  cost-  Most  important,  a  serious  cost  penalty  would  be  incurred 
by  the  need  to  develop  a  new  landing  gear  instead  of  using  available  H-34 
hardware. 

3-5.6  Ducting  and  Valves 

The  choice  of  ducting  and  valve  configuration  has  been  dis¬ 
cussed  earlier  in  Sections  3.4,  3 .  5.  1 .  2  and  3.  5.  1 .  3.  A  brief  review 
will  be  given  here  of  the  significant  factors. 

3.  5.  6.  1  "YM  Duct.  Since  a  major  objective  of  this  contract  is  to  use 
existing  components,  use  of  the  existing  stationary  "Y"  duct  which 
directs  gases  from  the  diverter  valves  into  the  rotor  was  investigated. 
The  geometry  of  this  "Y"  duct  precluded  its  use  in  the  closely  spaced 
engine  configuration  of  Section  3.  5.  1.  3.  1,  but  it  was  found  that  it  could 
be  used  for  partly  separated  engines,  Section  3.  5.  1. 3.2,  and  for  widely 
separated  engines  on  lateral  pylons,  Section  3.  5.  1. 3.3.  It  is  advisable 
to  use  this  duct  if  possible  because  it  is  available  (it  has  been  built  and 
tested)  and  its  pressure  drop  characteristics  are  known  and  are  reason¬ 
able.  Use  of  the  "Y"  duct  does,  however,  generally  increase  the 
frontal  area  of  the  aircraft  and  its  parasite  area. 

3.  5.  6.2  Diverter  Valves.  The  choice  of  diverter  valves  would  be 
between  the  existing  J85  diverter  valve  and  a  new  specially  designed  T64 
valve.  While  the  J85  diverter  valve  is  undeniably  larger  and  hee.vier 
than  a  new  T64  valve  would  be,  the  J85  valve  has  been  built  and  tested 
and  is  available  at  reasonable  cost.  It  can  be  used  without  change  to 
obtain  high-speed  autogyro  flight.  A  new  T64  valve  would  save  some 
weight  and  could  be  used  for  autogyro  flight  if  so  designed.  However, 
it  would  be  quite  expensive  in  time  and  money  to  develop  a  new  valve, 
even  allowing  for  the  experience  gained  by  G.  E.  in  developing  the  J85 
diverter  valve. 

3.5.  6.3  Blade  Tip  Cascade  Valves  for  Single  Engine  Operation.  It 
was  pointed  out  in  Reference  1  that  blade  duct  valves  are  needed  which 
effectively  reduce  the  nozzle  area  at  the  blade  tips  to  half  the  total  area 
available  if  one  of  the  two  engines  fails,  to  keep  the  remaining  good 
engine  on  its  operating  line.  This  reduction  of  effective  nozzle  area  can 
be  accomplished  by  valves  located  at  the  blade  root  or  at  the  tip.  The 
root-located  valve  would  be  effective  because  it  would  shut  off  com¬ 
pletely  one  of  the  two  ducts  located  in  each  blade,  each  of  which  has  its 
own  proper  and  fixed  nozzle  area.  The  tip-located  valve  would  directly 
reduce  by  50  percent  the  nozzle  area  associated  with  each  duct. 


20 


Although  the  root-located  valve  was  originally  considered 
for  the  Figure  1  version  of  the  research  aircraft,  because  the  centrif¬ 
ugal  loads  on  valves  at  the  root  would  be  much  less  than  if  they  were  at- 
the  tip,  further  study  of  the  problem  indicated  that  considerable  re¬ 
design  of  blade  structure  would  be  required.  After  further  study,  a 
tip-located  valve  was  designed  which  had  essentially  mass-balanced 
doors  so  that  centrifugal  force  loads  were  either  eliminated  or  reduced 
to  the  values  anticipated  for  the  root-located  valves.  This  new  approach 
to  the  design  of  valves  for  one -engine -out  operation  also  results  in  more 
rotor  power  because  the  effective  duct  area  is  doubled,  friction  losses 
are  correspondingly  reduced,  and  interduct  leakage  is  eliminated.  The 
reduced  blade  friction  pressure  drop  and  elimination  of  leakage  from 
the  active  duct  result  in  35  percent  more  rotor  horsepower  than  if  the 
root  valves  were  used. 

3.  6  GENERAL  ARRANGEMENT  OF  SELECTED  CONFIGURATION 


The  general  arrangement  of  the  configuration  selected  for 
the  research  aircraft  is  shown  in  Figure  5.  This  configuration  was 
chosen  as  the  optimum  compromise  of  the  many  alternate  design  features 
discussed  in  Section  3.  5.  The  significant  features  of  this  final  design 
are: 


a.  Both  engines  installed  forward  of  the  rotor. 

b.  Semimonocoque,  low-drag  fuselage. 

c.  Engines  widely  separated  and  suspended  from  lateral 
pylons  extending  from  the  fuselage. 

d.  HO-6  type  cockpit,  strengthened  to  take  the  airloads  of 
the  expected  high  cruise  speeds. 

e.  Vee-type  tail  located  at  the  aft  end  of  the  fuselage  clear 
of  the  hovering  downwash. 

f.  Tail-wheel  type  H-34  landing  gear  with  H-34  load 
distribution. 

3.  7  ADVANTAGES  OF  THE  SELECTED  CONFIGURATION 


The  overall  advantages  that  will  be  obtained  with  the 
selected  corf’guration  given  in  Figure  5  and  Section  3.6  are  summarized 
below: 


a.  Acceptable  ducting  for  gases  to  the  rotor.  Good  gas 
flow  path  for  autogyro  mode. 
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b.  Longitudinal  balance  obtained  by  placement  of  engine  CG 
close  to  rotor  shaft,  permitted  by  lateral  engine  location  and  use  of  J85 
diverter  valves. 

c.  Four  hundred-pound  download  on  tail  in  hovering  flight 
eliminated  by  aft  placement  of  tail.  Fuselage  download  reduced  sub¬ 
stantially  by  smooth  contours. 

d.  Excellent  engine  inlet  conditions  for  transition  and  high¬ 
speed  flight. 


e.  Smooth  transition  into  and  from  forward  flight  attained 
by  gradual  immersion  of  vee-tail  into  rotor  downwash.  Fuselage  exci¬ 
tation  due  to  fluctuating  downwash  on  tail  alleviated  by  removing  empen¬ 
nage  from  location  beneath  rotor.  Control  power  enhanced  by  low  CG 
location. 


f.  By  making  the  initial  design  comparatively  clean  aero- 
dynamically,  only  a  minor  cleanup  in  the  areas  of  landing  gear  and 
rotor  is  required  for  the  high-speed  investigations.  This  is  further 
facilitated  by  a  straight-through  tail  pipe  for  jet  thrust  as  an  autogyro 
with  jet  flow  sufficiently  separated  from  fuselage  to  prevent  flow 
attachment. 


g.  Fuselage  depth  selected  for  maximum  structural  effi¬ 
ciency  and  lowest  weight. 

h.  Tail  wheel  load  and  fuselage  shears  minimized  by  aft 
placement  of  main  gear  and  tail  gear. 

i.  Narrower  landing  gear  tread  permitted  by  low  silhouette, 
saving  weight  and  improving  ground  stability. 

j.  Cost  and  schedule  advantages  result  from  use  of  off-the- 
shelf  items,  such  as,  J85  diverter  valves,  present  stationary  "Y"  duct, 
hydraulic  actuators,  H-34  landing  gear,  and  HO-6  type  cockpit.  Also, 
minimum  tooling  can  be  used  for  fuselage  with  single -curvature  skin 
supported  by  Z- shaped  stringers  which  are,  in  turn,  clipped  to  simple 
circular  rolled  ring  frames.  Nacelle-type  power  plants  permit  low- 
cost  modular  construction-fabrication  methods. 

k.  Alternate  overload  is  possible  through  provisions  for 
cargo  hook  and  hatch. 
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General  Arrangement  -  Hot  Cycle  Research  Aircraft. 
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—  COMPRESSED  POSITION 
- STATIC  POSITION 
- EXTENDED  POSITION 


1 3“ AXLE  vertical  travel 


1.  Ease  of  maintenance  assured  by  excellent  engine  ac¬ 
cessibility  and  all-metal  construction. 

m.  Excellent  safety  characteristics  obtained  because  of 
unobstructed  pilot  vision.  Fire  and  crash  safety  enhanced  by  isolated 
power  plants  in  outboard  nacelles. 
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4.  WEIGHT  AND  BALANCE 


Preliminary  weight  estimates  have  been  made  for  all  major 
systems  of  the  research  aircraft,  and  the  resulting  CG  has  been  com¬ 
puted  for  the  empty  weight  plus  the  design  gross  weight  and  an  alternate 
overload  gross  weight.  This  weight  and  balance  information  and  a  dis¬ 
cussion  of  the  manner  in  which  the  weight  estimates  were  made  are  pre¬ 
sented  in  the  following  sections. 

4.  1  WEIGHT  ANALYSIS 


The  empty  weight  of  the  research  aircraft  has  been  deter¬ 
mined,  in  general,  from  four  sources:  comparative  analysis,  specific 
analysis,  parametric  analysis,  and  manufacturer's  catalogs - 

a.  By  comparative  analysis,  component  weights  were  ob¬ 
tained  that  either  represent  the  actual  weight  of  a  component  as  used  in 
a  similar  application,  or  represent  the  component  weight  after  minor 
design  changes  required  for  the  new  application.  In  this  category,  the 
rotor  group  weight  in  the  weight  statement  reflects  the  actual  weights 
recorded  on  the  whirl  test  rotor  assembly  completed  in  Contract  AF 
33(600)- 30271.  In  addition,  the  actual  weights  of  the  rotor  head  control 
system  and  of  the  duct  system  within  the  hub  envelope  for  the  test  rotor 
are  used  for  the  comparable  components  on  the  research  aircraft.  A 
total  of  3330  pounds,  or  39  percent  of  the  8470  pounds  empty  weight,  is 
actual  weight  recorded  from  the  whirl  test  components. 

b.  By  specific  analysis,  the  weights  of  the  Body  Group, 

Tail  Group,  and  Nacelle  Group  were  obtained.  A  preliminary  structural 
analysis  of  these  components  was  made  and  the  primary  members  were 
sized.  The  weights  were  determined  by  calculation  of  areas  and  the  ap¬ 
plication  of  appropriate  factors  to  account  for  nonoptimum  structure. 
About  20  percent  of  the  empty  weight  was  accounted  for  by  this  method. 

c.  About  15  percent  of  the  empty  weight  was  determined  by 
parametric  analysis.  This  category  includes  such  systems  as  hydraulic, 
electronic,  heating  and  ventilating,  etc.  The  major  source  of  weight 
information  in  this  category  was  Reference  2. 

d.  The  remaining  26  percent  of  empty  weight,  (approximately 
2200  pounds),  is  catalog  weight  or  actual  weight  of  assemblies  used  on 
other  service  aircraft.  It  also  includes  the  weight  of  components 
"borrowed"  from  the  HO-6  helicopter.  This  catalog  category  covers 
such  items  as  the  engines,  starters.,  generators,  batteries,  instruments, 
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radio,  landing  gear  (H-34),  furnishings,  cockpit,  and  cockpit  control 
system. 


The  total  empty  weight  of  8470  pounds  is  somewhat  conserv¬ 
ative  due  to  the  requirement  for  using  the  actual  whirl  test  rotor  com¬ 
ponents  from  Contract  AF  33(600)-30271.  It  was  pointed  out  in  Refer¬ 
ence  3,  Section  3,  that  approximately  500  pounds  could  be  trimmed 
from  the  weights  of  the  rotor  group,  ducts  and  seals,  and  the  control 
system  if  a  redesign  of  these  units  were  undertaken. 

4.  2  WEIGHT  STATEMENT 


SUMMARY  WEIGHT  STATEMENT 
ROTORCRAFT  ONLY 
(ESTIMATED) 


ENGINE 

MAIN 

AUXILIARY 

MANUFACTURED  BY 

G.  E. 

MODEL 

T64  gas  generator  version 

NUMBER 

Two  (2) 

PROPELLER 

MANUFACTURED  BY 

MODEL 

NUMBER 
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ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
WEIGHT  EMPTY 
(Pounds ) 


ROTOR  GROUP 


BLADE  ASSEMBLY 
HUB  STRUCTURE 
GIMBAL 
SHAFT 

MISCELLANEOUS 

FOLDING 


WING  GROUP 

CENTER  SECTION  -  BASIC  STRUCTURE 

INTERMEDIATE  PANEL  -  BASIC 
STRUCTURE 

OUTER  PANEL  -  BASIC  STRUCTURE 
(INCL  TIPS  LBS.  ) 

SECONDARY  STRUCTURE  (INCL  WING 
FOLD  MECH  LBS.  ) 

AILERONS  (INCL  BALANCE  WT.  LBS.  ) 
FLAPS  -  TRAILING  EDGE 


-  LEADING  EDGE 


SLATS 


SPOILERS 


TAIL  GROUP 
TAIL  ROTOR  -  BLADES 
-  HUB 

STABILIZER 

FINS  -  BASIC  STRUCTURE  (INCL  DORSAL 
LBS.  ) 
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ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
WEIGHT  EMPTY 
(Pounds ) 


TAIL  GROUP  (continued) 

SECONDARY  STRUCTURE  - 
STABILIZER  AND  FINS 

ELEVATOR  (INCL  BALANCE 

WEIGHT  LBS.  ) 

RUDDER  (INCL  BALANCE 

WEIGHT  LBS.  ) 

BODY  GROUP 

1140 

FUSELAGE  OR  HULL  -  BASIC  STRUCTURE 

1020 

BOOMS  -  BASIC  STRUCTURE 

SECONDARY  STRUCTURE  -  FUSELAGE 

OR  HULL 

-  BOOMS 

-DOORS,  PANELS  AND  MISC. 

120 

ALIGHTING  GEAR  GROUP  -  LAND- TYPE 

450 

LOCATION 
(H-34A  LANDING 
GEAR) 

TROLLING 

ASSEMBLY 

STRUCT. 

MAIN  GEAR 

11. 00  -  12 

162 

211 

TAIL  WHEEL 

6.  00  -  6 

11 

45 

ALIGHTING  GEAR  GROUP  -  WATER- TYPE 

- - - - — — - 

LOCATION 

FLOATS 

STRUTS  1 

*  WHEELS,  BRAKES,  TIRES,  TUBES  AND  AIR 
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ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
WEIGHT  EMPTY 
(Pounds ) 


FLIGHT  CONTROLS  GROUP 
COCKPIT  CONTROLS 
AUTOMATIC  PILOT 
SYSTEM  CONTROLS  -  ROTOR  HEAD 

-  LINKAGE 

-  HYDRAULIC 

-  YAW  CONTROLS  -  JET 


ENGINE  SECTION  OR  NACELLE  GROUP 
ENGINE  MOUNTS 

COWLING,  STRUCTURE  AND  FIREWALL 
NACELLE  SUPPORT  PYLONS 
DOORS,  PANELS  AND  MISC. 


30 

550 

79 

96 

105 


30 

220 

170 


860 


420 


PROPULSION  GROUP 


2160 


AUXILIARY 


MAIN 


ENGINE  INSTALLATION 

ENGINE 

TIP  BURNERS 

LOAD  COMPRESSOR 

REDUCTION  GEAR  BOX 

ACCESSORY  GEAR  BOXES 
AND  DRIVES 

SUPERCHARGER  FOR 
TURBO  TYPES 

AIR  INDUCTION  SYSTEM 

EXHAUST  SYSTEM 


1160 


20 


10 

40 
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ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
WEIGHT  EMPTY 
(Pounds ) 
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ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
WEIGHT  EMPTY 
(Pounds ) 


INSTRUMENT  AND  NAVIGATIONAL  EQUIPMENT  GROUP 

50 

INSTRUMENTS 

40 

NAVIGATIONAL  EQUIPMENT 

1 

HYDRAULIC  AND  PNEUMATIC  GROUP 

HYDRAULIC 

PNEUMATIC 

210 

ELECTRICAL  GROUP 

330 

A  C  SYSTEM 
D  C  SYSTEM 


ELECTRONICS  GROUP 


EQUIPMENT 

INSTALLATION 


ARMAMENT  GROUP  (INCL  GUNFIRE  PROTECTION 
PROTECTION  LBS.) 

FURNISHINGS  AND  EQUIPMENT  GROUP 

ACCOMMODATIONS  FOR  PERSONNEL 

22 

MISCELLANEOUS  EQUIPMENT  (INCL  LB  BALLAST) 

FURNISHINGS 

8 

EMERGENCY  EQUIPMENT 

50 

AIR  CONDITIONING  AND  ANTI-ICING  EQUIPMENT 

AIR  CONDITIONING 

50 

ANTI -ICING 

10 
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ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
WEIGHT  EMPTY 


(Pounds) 


PHOTOGRAPHIC  GROUP 

EQUIPMENT 

INSTALLATION 

AUXILIARY  GEAR  GROUP 

50 

AIRCRAFT  HANDLING 

LOAD  HANDLING 

A  TO  GEAR 

50 

MANUFACTURING  VARIATION 

TOTAL  -  WEIGHT  EMPTY 

8470 
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ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
V/ EIGHT  EMPTY 
_ (Pounds) _ 


LOAD  CONDITION 

DESIGN 

ALTERNATE 

OVERLOAD 

CREW  -  NO. 

400 

400 

PASSENGERS  -  NO. 

FUEL 

TYPE 

GALS. 

UNUSABLE 

INTERNAL 

500 

3250 

200 

1300 

EXTERNAL 

BOMB  BAY 

OIL 

UNUSABLE 

5 

5 

ENGINE 

30 

30 

BAGGAGE 

CARGO 

3145 

15045 

ARMAMENT 

GUNS  -  LOCATION  FIX/ FLEX 
QUANTITY  CALIBER 

AMMUNITION 

•INSTALLATIONS  -  BOMB, 
TORPEDO,  ROCKET,  ETC- 

*  BOMB  OR  TORPEDO  RACKS 


*  IF  NOT  SPECIFIED  AS  WEIGHT  EMPTY 


ROTORCRAFT 

SUMMARY  WEIGHT  STATEMENT 
WEIGHT  EMPTY 


(Pounds ) 


LOAD  CONDITION  (continued) 

DESIGN 

ALTERNATE 

OVERLOAD 

EQUIPMENT 

PYROTECHNICS 

PHOTOGRAPHIC 

CARGO  SLING 

♦OXYGEN 

250 

MISCELLANEOUS 

USEFUL  LOAD 

6830 

17030 

WEIGHT  EMPTY 

8470 

8470 

GROSS  WEIGHTS 

15300 

25500 

♦IF  NOT  SPECIFIED  AS  WEIGHT  EMPTY 
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4.  3  WEIGHT  AND  BALANCE  STATEMENT 

SUMMARY 

WEIGHT  AND  BALANCE 


Weight 

Lb. 

C.  G. 

Fwd.  <IL 
Rotor 
Inche  s 

Below  Rotor 
Plane  Inches 

WEIGHT  EMPTY 

8470 

2.  8 

41.  0 

USEFUL  LOAD 

6830 

DESIGN  GROSS  WEIGHT 

15300 

3.  3 

55.2 

USEFUL  LOAD  -  Alternate  overload 

17030 

GROSS  WEIGHT -Alternate  overload 

25500 

2.  3 

60.  6 

REFERENCE  DATA: 


1.  Ref.  datum  for  horizontal  C.  G.  is  rotor. 

2.  Ref.  datum  for  vertical  C.  G.  in  rotor  plane  (0°  cone). 


WEIGHT  EMPTY  SUMMARY 
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WEIGHT  EMPTY  SUMMARY 
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WEIGHT  EMPTY  SUMMARY 
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5.  PERFORMANCE 


In  this  section  are  presented  the  results  of  computations  of 
the  hovering  and  level  flight  performance  of  the  research  aircraft  in  the 
helicopter  mode  and  level  flight  performance  in  the  autogyro  mode. 

5.  1  ESTIMATION  OF  PARASITE  AREA 


Based  on  the  configuration  and  size  of  the  research  aircraft 
as  shown  in  Figure  5,  the  total  equivalent  parasite  drag  area  of  the  air¬ 
craft  was  estimated  to  be  22.0  square  feet.  A  breakdown  of  the  equiv¬ 
alent  parasite  drag  area  of  the  individual  components  is  presented  in 
Table  I.  Drag  coefficients  and  corresponding  drag  areas  used  are  also 
presented  in  Table  1.  Reference  4  is  used  to  determine  the  parasite 
drag  of  the  rotor  head.  References  5  and  6  are  used  to  estimate  the 
parasite  area  of  the  remaining  components. 

5.  2  PRESSURE  DROPS  IN  DUCTING 


Computation  of  helicopter  rotor  power  available  and  autogyro 
thrust  available  depend  on  pressure  drops  in  the  ducting  between  the  gas 
generators  and  the  nozzles  involved.  A  special  kind  of  analysis  is  nec¬ 
essary  to  compute  the  pressure  drop  in  the  rotating  helicopter  blades, 
and  that  component  is  discussed  in  the  next  section.  Information  is 
presented  here  on  the  pressure  drop  between  the  gas  generator  and  the 
blade  root,  with  the  diverter  valve  in  the  diverted  position.  The  pres¬ 
sure  drop  is  also  given  between  the  gas  generator  and  the  autogyro 
nozzles,  with  the  diverter  valve  in  the  straight-through  position. 

Figure  6  presents  a  sketch  of  the  two  gas  paths  involved, 
including  a  designation  of  stations,  for  convenience.  It  also  includes 
the  results  of  the  pressure  drop  calculations  for  the  two  alternate  paths. 
An  evaluation  is  also  included  of  the  influence  of  fairing  into  the  diverter 
valve  inlet  bullet  that  is  part  of  the  standard  J85  diverter  valve,  but 
which  could  be  omitted  if  desired.  The  pressure  drop  in  the  diverter 
valve  for  the  straight-through  or  diverted  position  is  taken  from  Refer¬ 
ence  7.  The  pressure  drop  in  the  various  lengths  of  straight  pipe  was 
based  on  classical  pipe  flow  analysis.  Allowance  was  made  for  the 
effective  bellmouth  inlet  of  the  straight  (autogyro  mode)  ducts.  Pres¬ 
sure  drop  in  the  inverted  "Y"  duct  at  the  rotor  head  is  based  on  the 
earlier  Hughes  component  tests  of  Reference  8. 


45 


TABLE  1 

PARASITE  DRAG  BREAKDOWN 


Components 

Applicable  Areas  Drag 

as  Indicated  Coefficient 

ft2 

Equivalent 
Drag  Area 

ft2 

Rotor  Head 

Hub 

6.25  (max.  frontal  area) 

0.  75 

4.70 

Blade  shanks 

12.2  (max.  frontal  area) 

0.  25 

3.  05 

(  1.55)* 

Fuselage 

23.0  (max.  frontal  area) 

0.  085 

1. 96 

Landing  Gears 

Wheels 

5.00  (max.  frontal  area) 

0.  30 

1.  50 

Tail  wheel 

2.  00  (max.  frontal  area) 

0.  50 

1. 00 

(  3.  70)* 

Struts 

4.  30  (max.  frontal  area) 

1. 20 

5.20-J 

Empennage 

54.  00  (surface  area) 

0.  02 

1.08 

Pylon 

14.00  (max.  frontal  area) 

0.  06 

0.84 

Nacelles 

13.20  (max.  frontal  area) 

0.  05 

0.  66 

19.99 

(14.49)* 

Interference, 

Roughness  and  Mi  sc.  10% 

2.  00 

(  1.45)* 

Total  equivalent  parasite  area 

21.99 

(15.  99)* 

♦Fairings  added. 

Figure  6.  Duct  Station  Description  and  Pressure  Losses. 
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As  seen  in  Figure  6,  for  diverted  flow  to  the  rotor, 


3 


is  1. 76  percent.  For  straight  through  (undiverted)  flow  to  the  autogyro 
nozzles, 


is  1.73  percent.  Since  the  performance  computations  of  rotor  power 
available  have  been  based  on  a  pressure  loss  to  the  rotor  blade  root  of 
4  percent,  it  is  seen  that  the  prediction  of  helicopter  power  should  be 
conservative  by  a  few  percent.  The  autogyro  thrust  available,  discussed 
below,  was  based  on  a  duct  pressure  loss  of  3  percent,  which  is  also 
somewhat  conservative. 

5.  3  HELICOPTER  POWER  AVAILABLE 


The  procedure  for  computation  of  helicopter  rotor  power 
available  in  hovering  and  forward  flight  is  described  in  Reference  9*  It 
is  pointed  out  that  the  problem  is  essentially  that  of  computing  the  pres¬ 
sure  change  between  the  blade  root  and  blade  tip.  This  is  a  classical 
thermodynamic  problem  of  flow  with  friction,  heat  transfer,  and  ex¬ 
ternal  work.  The  validity  of  the  performance  calculation  method  was 
established  by  the  correlation  between  predicted  and  measured  rotor 
performance  reported  in  Reference  10,  which  summarizes  the  hot  cycle 
rotor  whirl  tests  of  Contract  AF  33(600)-30271 . 

As  discussed  in  Reference  9>  rotor  power  is  a  function  of 
engine  gas  conditions,  pressure  drop  from  engine  to  blade  root  (Section 
5.2),  duct  area,  duct  friction  coefficient,  blade  tip  speed,  and  nozzle 
velocity  coefficient.  Based  on  G.  E.  -  supplied  gas  conditions  (References 
11  and  12)  for  the  current  T64  engine,  which  has  a  2850  horsepower,  10- 
minute  take-off  rating  (Reference  13),  computations  were  made  of  the 
available  rotor  power  and  resulting  rotor  thrust  for  take-off  at  6000 
feet,  95  degrees  Fahrenheit.  In  addition,  rotor  power  available  and 
specific  fuel  consumption  for  full  and  part  throttle  at  sea  level  standard 
were  also  computed. 
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For  the  computations  of  rotor  power  available,  a  duct  fric¬ 
tion  coefficient  of  f  =  0.  003  and  a  nozzle  velocity  coefficient  of  Cyfi  = 
0.  98  were  used,  based  on  analysis  of  the  data  taken  during  the  whirl 
test  reported  in  Reference  10.  Using  the  gas  conditions  for  the  take-off 
rating  of  the  engine  as  the  starting  point,  a  duct  inlet  Mach  number  of 
0.361  was  computed.  The  resulting  pressure  ratio  across  the  blade, 

, tip  pressure  ,  ,  /N,, 

( — •— r*- - ),  was  1.024. 

'root  pressure  ' 


After  making  allowance  for  the  pressure  drop  in  the  ducting 
from  the  engine  to  the  blade  root  and  the  pressure  change  in  the  blade, 
the  power  available  at  6000  feet,  95  degrees  Fahrenheit  was  found  to  be 
2110  horsepower,  which  will  allow  a  helicopter  hovering  gross  weight  of 
18,215  pounds.  This  value  of  rotor  thrust  is  substantially  higher  than 
the  minimum  gross  weight  oi  15,  000  pounds  stipulated  in  the  statement 
of  work  of  this  contract. 


The  rotor  power  available  at  sea  level  is  shown  on  Figure  7 
for  the  take-off,  military,  and  normal  continuous  power  conditions. 
Rotor  power  for  take-off  at  sea  level  static  is  about  3050  horsepower. 
This  value  of  power  is  shown  in  Figure  7  as  a  constant  value  versus 
forward  speed.  This  is  approximately  true  at  speeds  below  200  knots 
because  the  extra  power  that  is  developed  due  to  ram  pressure  rise  at 
the  engine  is  just  about  compensated  for  by  the  power  required  to  over¬ 
come  the  ram  drag  of  accelerating  the  air  to  helicopter  forward  speed. 

5.4  HELICOPTER  LEVEL  FLIGHT  PERFORMANCE 


The  power  required  for  helicopter  level  flight  was  computed 
using  the  parasite  area  established  in  Section  5.  1  and  standard  NACA 
helicopter  performance  calculation  procedures  summarized  in  Reference 
14.  Figure  7  shows  power  required  versus  speed  at  sea  level  for  10,  000 
pounds  and  15,  300  pounds  gross  weight.  For  test  purposes,  it  has  been 
established  that  a  gross  weight  of  10,  000  pounds  will  be  sufficient  to 
allow  reasonable  instrumentation  and  fuel  load  for  short  missions.  Using 
the  take-off  power  rating,  which  is  good  for  10  minutes  and  is  long 
enough  to  get  stabilized  speed  data,  a  maximum  helicopter  speed  at  sea 
level  at  10,  000  pounds  gross  weight  of  156  knots  is  predicted. 

5.  5  AUTOGYRO  THRUST  AVAILABLE 

The  autogyro  forward  flight  thrust  available  was  computed 
using  standard  thermodynamic  procedures,  based  on  gas  conditions 
compatible  with  the  T64  gas  generator  defined  by  References  11  and  12, 
and  the  tail  pipe  configuration  of  Figure  6.  For  conservatism,  a  tail 
pipe  pressure  loss  of  3  percent  was  assumed,  which  is  appreciably 
greater  than  the  computed  value  of  1.73  percent  given  for  the  autogyro 
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LEVEL  FLIGHT  AT  SEA  LEVEL 


Figure  7.  Power  Vs.  Velocity. 


ducting.  The  results  of  these  calculations  of  thrust  available  are  shown 
on  Figure  8  for  the  take-off.  military,  and  normal  continuous  power 
setting.  It  is  seen  that  the  static  thrust  of  the  two  T64's  is  about  3500 
pounds,  which  falls  to  about  3150  pounds  at  200  knots. 

5.6  AUTOGYRO  LEVEL  FLIGHT  PERFORMANCE 


The  thrust  required  for  autogyro  level  flight  was  computed 
using  the  parasite  area  of  Section  5.  1,  and  the  procedures  of  Reference 
14  for  an  unpowered  rotor  were  used  to  obtain  the  overall  aircraft  (L/D) 
ratio.  The  autogyro  calculations  were  done  only  for  10,  000  pounds  gross 
weight  because  it  is  expected  that  the  maximum  speed  performance  will 
be  sought  only  at  the  low  weights  which  permit  higher  speeds. 

A  basic  lift/drag  ratio  and  resulting  thrust  required  were 
computed  for  a  tip  speed  of  700  feet  per  second,  using  the  parasite  area 
f  =  22  obtained  in  Section  5.  1.  The  700  feet  per  second  value  of  tip 
speed  corresponds  to  the  optimum  helicopter  tip  speed  based  on  reason¬ 
able  helicopter  tip  stall  speeds.  However,  since  the  propulsion  require¬ 
ment  is  divorced  from  the  lifting  requirement  as  far  as  the  rotor  is 
concerned,  the  rotors  on  autogyros  can  generally  operate  at  lower  tip 
speeds  than  comparable  helicopters,  resulting  in  less  equivalent  overall 
drag.  Lower  autogyro  tip  speeds  of  600  feet  per  second  and  500  feet  per 
second  were  therefore  investigated.  With  the  parasite  area  of  f  =  22 
square  feet  of  Section  5.  1,  it  was  found  (and  shown  in  Figure  8)  that  an 
increase  of  maximum  speed  at  take-off  thrust  of  about  20  knots  (152  to 
172  knots)  can  be  achieved  if  tip  speed  is  reduced  to  600  feet  per  second. 
If  tip  speed  were  reduced  to  500  feet  per  second,  only  about  4  knots 
further  speed  increase  would  be  possible.  Since  the  possibility  existed 
of  encountering  rotor  dynamic  problems  at  this  lower  tip  speed,  the 
thrust  required  at  500  feet  per  second  was  not  shown  on  Figure  8. 

Because  the  autogyro  mode  does  offer  such  attractive  per¬ 
formance  in  the  basic  configuration  shown  in  Figure  5,  a  brief  investi¬ 
gation  was  made  of  the  potential  performance  gains  to  be  obtained  by 
drag  reduction.  Study  of  the  Figure  5  general  arrangement  and  the  drag 
breakdown  of  Section  5.  1  led  to  the  conclusion  that  it  should  be  possible 
to  cut  the  parasite  area  from  22  square  feet  to  16  square  feet  if  simple 
fairings  were  placed  on  the  blade  shanks  and  landing  gear.  With  these 
fairings,  the  research  aircraft  is  estimated  to  have  a  maximum  level 
flight  speed  of  197  knots,  as  shown  in  Figure  8  for  take-off  thrust. 
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Figure  8.  Thrust  Vs.  Velocity- 


6.  STABILITY  AND  CONTROL 


The  requirements  of  SPEC  MIL-H-8501A  (Reference  15) 
were  used  as  the  stability  and  control  objectives.  Analysis  of  the  over¬ 
all  stability  and  control  of  the  research  aircraft  with  the  configuration 
of  Figure  5  indicates  that  the  aircraft  will  be  controllable  in  the  hands 
of  pilots  of  reasonable  skill.  However,  because  existing  components 
are  used  wherever  possible,  the  aircraft  will  not  have  stability  char¬ 
acteristics  in  strict  compliance  with  the  requirements  of  MIL-H-8501A. 
Future  redesign  in  the  area  of  the  hub  and  control  system,  to  permit 
use  of  moderate  hub  elastic  restraint,  would  permit  substantial  im¬ 
provement  in  stability  and  control. 

6.  1  HOVERING  FLIGHT 


The  expected  handling  characteristics  of  the  research  air¬ 
craft  in  hovering  flight  using  available  components  were  calculated 
(open  symbols  in  Figure  9)>  It  was  found  that,  with  minor  adjustments 
of  the  control  gearing  between  stick  motion  and  blade  pitch  change  com¬ 
pared  to  those  used  in  the  whirl  test,  the  research  aircraft  will  have 
handling  characteristics  that  make  the  aircraft  safe  and  reasonably  easy 
to  fly  (shown  as  solid  symbols  in  Figure  9).  The  following  control  power 
changes  were  recommended,  primarily  to  improve  the  handling  quali¬ 
ties  and  to  approach  the  flying  qualities  criteria  of  References  15  and  16. 

a.  Increase  the  longitudinal  control  power  by  reducing  the 
longitudinal  cyclic  stick  travel  from  the  present  12  inches  to  9  inches 
but  maintaining  the  present  cyclic  pitch  travel  of  ±10  degrees. 

b.  Modify  the  lateral  control  power  as  shown  in  Figure  10 
by  providing  a  nonlinear  stick- swashplate  gearing  but  maintaining  the 
lateral  cyclic  pitch  travel  of  ±7  degrees. 

Acceptable  boundaries  as  a  function  of  aircraft  damping,  control  power, 
and  inertia  are  presented  in  Figure  9* 

6.  1.  1  Handling  Characteristics  in  Pitch 

The  open  symbols  on  the  pitch  curve  of  Figure  9  represent 
the  handling  characteristics  of  the  present  hot  cycle  aircraft  in  hover. 
The  solid  symbols  represent  the  handling  characteristics  with  the  in¬ 
crease  in  the  longitudinal  control  power  recommended  in  a.  of  Section 
6.  1.  It  can  be  seen  that  the  solid  points,  though  improved,  are  still 
below  the  requirements  of  SPEC  MIL-H-8501A  due  to  the  low  damping 
characteristics  of  the  aircraft.  However,  it  is  felt  that  the  aircraft  can 
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Figure  9-  Handling  Qualities  Boundaries. 
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be  flown  in  the  critical  hover  condition  without  undue  pilot  effort.  This 
conclusion  is  based  on  the  flight  results  of  Reference  16. 

Tests  of  Reference  16  were  conducted  using  a  Sikorsky  S-51 
to  determine  the  effects  of  various  combinations  of  damping  and  control 
power  on  helicopter  handling  characteristics  for  visual  and  instrument 
flights. 


The  basic  damping  and  control  power  levels  of  the  S-51  in 
pitch  and  roll  are  shown  on  Figure  9-  It  can  be  seen  that  the  S-51,  with 
its  basic  damping  and  control  power,  is  not  able  to  meet  the  handling 
requirements  of  Reference  15.  However,  the  helicopter  was  flown  under 
the  critical  handling  requirements  of  instrument  flight  without  noticeable 
difficulties.  Further,  the  helicopter  was  flown  under  instrument  flight 
with  one-half  the  basic  damping  and  original  control  power.  Pilots' 
comments  indicated  that  the  handling  characteristics  were  poorer  than 
with  the  original  damping  and  control  power,  but  the  helicopter  could  be 
flown  without  excessive  pilot  effort. 

The  hot  cycle  aircraft,  with  approximately  10  percent 
greater  relative  damping  (MIL-H-8501A  requirements  equal  to  100  per¬ 
cent)  and  25  percent  greater  control  power  (for  recommended  increased 
control  power,  G.  W.  =  1 5,  300  pounds),  should  have  improved  han¬ 

dling  characteristics  over  those  of  the  Sikorsky  S-51  for  the  one-half 
damping  case. 

6.1.2  Handling  Characteristics  in  Roll 

The  recommended  lateral  control  power  change  of  b.  in 
Section  6.  1,  shown  in  Figure  10,  has  two  purposes: 

a.  To  reduce  the  control  power  for  the  initial  ±50  percent 
stick  travel,  thus  improving  the  hover  handling  characteristics  in  roll 
for  the  overload  weight  of  25,  000  pounds  as  shown  in  Figure  9* 

b.  To  retain  the  present  high  control  power  for  flight  ma¬ 
neuvers  requiring  large  stick  deflections.  Thus,  the  requirements  for 
the  recommended  nonlinear  stick- swashplate  gearing  result. 

The  solid  points  shown  on  the  roll  curve  of  Figure  9  are 
with  the  modified  control  power.  Results  indicate  that  the  handling 
characteristics  of  the  hot  cycle  aircraft  in  roll  should  be  substantially 
improved  over  those  of  the  Sikorsky  S-51  for  the  one-half  damping 
case,  and  even  for  the  full  basic  damping  case. 
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6.  1.  3 


Handling  Characteristics  in  Yaw 


The  hot  cycle  aircraft  meets  the  hovering  yaw  response 
characteristics  per  SPEC  MIL-H-8501A  as  shown  by  the  table  below. 
(Based  on  an  estimated  maximum  yaw  thrust  of  ±300  pounds  total. ) 


SPEC  MIL-H-8501 A 
REQUIREMENTS  MODEL  385 
(Degrees)  (Degrees) 

Yaw  displacement  at  the  end 
of  1  second  per  inch  of  pedal 
deflection 

Yaw  displacement  at  the  end 
of  1  second  for  full  pedal 
deflection 

Yaw  displacement  at  the  end 
of  1  second  from  the  most 
critical  azimuth  position 
during  a  35-knot  wind  for  full 
pedal  deflection 

The  yaw  angular  velocity  damping  of  the  hot  cycle  aircraft  is 
essentially  zero.  However.  SPEC  MIL-H-8501A  states  that  the  yaw 
angular  velocity  damping  should  preferably  be  at  least  27  (Iz)0*  ?  feet- 
pounds/ radius /second,  thus,  indicating  that  this  is  not  a  requirement. 

It  should  also  be  noted  that  the  absence  of  a  tail  rotor  will 
make  the  research  aircraft  have  less  gust  sensitivity  in  yaw.  The  yaw 
damping  criterion  was  included  in  SPEC  MIL-H-8501A  chiefly  because 
of  the  gust  sensitivity  in  yaw  of  single-rotor  helicopters  with  tail  rotor. 
Therefore,  this  yaw  damping  criterion  would  not  be  a  major  considera¬ 
tion  in  the  design  of  the  hot  cycle  research  aircraft.  To  emphasize  this 
point,  it  is  further  noted  that  tandem  helicopters  generally  do  not  meet 
this  yaw  damping  criterion,  nor  do  they  have  gust-sensitive  tail  rotors. 

6.1.4  Summary 

a.  The  present  research  aircraft,  with  the  recommended 
changes  in  control  powers,  is  expected  to  have  improved  handling  char¬ 
acteristics  in  pitch  and  roll  over  those  of  the  Sikorsky  S-51  with  one- 
half  the  original  damping  and  original  control  power.  Thus,  the  aircraft 
should  be  flyable  in  hover  without  excessive  pilot  effort. 


3.  77  4.1 

11.3  12.4 

3.77  5.2 
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b.  The  research  aircraft  damping  characteristics  in  hover 
do  not  meet  the  damping  requirements  of  Reference  15  in  both  pitch  and 
roll  except  at  the  high  gross  weight  of  25,  000  pounds  in  roll. 

c.  Preliminary  investigation  has  been  made  of  the  possibil¬ 
ity  of  increasing  the  damping  available  to  the  aircraft  by  means  of  a 
mechanical  or  electronic  device.  It  was  found  that  by  the  introduction 
of  damping,  compliance  with  SPEC  MIL-H-8501 A  is  possible  without 
introducing  the  stresses  which  accompany  hub  restraint  when  more  con¬ 
trol  power  is  sought.  Since  a  damping  device  is  an  additional  item,  the 
question  of  reliability  and  performance  versus  cost  is  introduced.  The 
possibility  of  obtaining  added  damping  with  some  simple  device  should 
be  explored  further. 

6.  2  ADVANTAGES  AND  DISADVANTAGES  OF  HUB  RESTRAINT 


It  was  pointed  out  in  Sections  6.  1.  1  and  6.  1. 2  that  the  re¬ 
search  aircraft  will  be  controllable  with  the  present  control  system 
configuration  because  it  will  have  characteristics  equal  or  superior  to 
the  Sikorsky  S-51  helicopter  with  one-half  damping.  A  substantial  im¬ 
provement  in  the  degree  of  controllability  and  associated  rotor  damping 
available  can  be  obtained  if  elastic  hub  tilt  restraint  is  used.  When  the 
hub  is  restrained,  the  offset  coning  hinges  that  are  part  of  the  present 
rotor  will  start  to  function  as  offset  flapping  hinges  as  well.  Then  the 
large  damping  and  control  power  contribution  normally  obtained  from 
offset  hinge  rotors  will  be  available  for  the  research  aircraft.  As  a 
result,  the  research  aircraft  would  be  considerably  easier  to  fly,  with 
reduced  pilot  effort  and  check-out  time  required.  A  possible  way  of 
obtaining  the  required  hub  restraint  is  discussed  in  Section  9*  1.  1. 

Calculations  were  made  to  substantiate  the  statements  above 
that  indicate  the  characteristics  of  the  research  aircraft  with  elastic 
hub  restraint  will  shift  to  the  "acceptable"  area,  for  all  weight  condi¬ 
tions,  per  requirements  of  SPEC  MIL-H-8501A  in  both  pitch  and  roll, 
as  shown  in  Figure  9.  At  the  overload  weight  condition  of  25,  000 
pounds,  the  handling  characteristics  in  roll  are  considered  unaccept¬ 
able  per  requirements  of  Reference  16.  However,  the  handling  quali¬ 
ties  boundaries  of  Reference  16  are  based  on  a  specific  helicopter  (S-51) 
of  GW  =  5000  pounds  and  therefore  may  not  reflect  the  effect  of  size 

on  handling  requirements.  However,  if  flight  test  results  indicate  the 
requirements  of  Reference  16  are  valid,  the  lateral  control  gearing  of 
the  research  aircraft  can  simply  be  adjusted  to  give  reduced  control 
power,  thus  shifting  the  roll  handling  characteristics  to  the  desirable 
area. 


The  single  and  major  disadvantage  of  using  hub  restraint  is 
that  large  one-per-rev  stresses  are  introduced  in  the  hub  and  shaft  be¬ 
cause  of  the  bending  moment  introduced  by  the  restrained  rotor  hub. 
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The  amount  of  hub  restraint  considered  above  (15,  000  inch-pounds  of 
moment  per  degree  of  hub  tilt)  would  approximately  quadruple  the 
stresses  imposed  on  the  shaft  by  the  normal  free-floating  hub  installa¬ 
tion.  This  increase  in  stress  is  far  too  high  for  the  strength  of  the 
existing  shaft.  A  redesign  of  the  shaft  and  some  portions  of  the  hub 
would  be  required.  Since  the  research  aircraft  can  be  flown  safely  with 
the  free-floating  hub,  and  will  be  able  to  reach  the  speeds  which  are  the 
objectives  of  the  test  program  without  hub  restraint,  it  is  planned  to 
postpone  any  changes  to  the  hub  and  shaft  at  this  time  to  accommodate 
the  loads  which  would  be  imposed  by  hub  restraint.  The  suggested 
amount  of  hub  restraint  could  be  introduced  at  a  later  date,  since  it  is 
still  considered  desirable  to  increase  the  rotor  damping  and  control 
power. 

6.3  FORWARD  FLIGHT 

6.  3.  1  Directional  Stability 

According  to  Paragraph  3.3.9  of  SPEC  MIL-H-8501  A,  "the 
helicopter  shall  possess  positive,  control  fixed,  directional  stability 
and  effective  dihedral  in  both  powered  and  autorotative  flight  at  all 
speeds  above  50  knots,  0.  5  Vyfay,  or  the  speed  for  maximum  rate  of 
climb,  whichever  is  the  lowest." 

With  this  requirement  in  mind,  an  analysis  was  made  of  the 
research  aircraft  with  the  configuration  shown  in  Figure  5.  It  was  found 
that  a  vee-shaped  tail,  with  a  true  area  of  54  square  feet  and  with  its 
two  halves  inclined  upward  from  the  horizontal  at  45  degrees,  will  pro¬ 
duce  the  required  directional  stability. 

6.3.2  Longitudinal  Maneuver  and  Dynamic  Stability 

Paragraphs  3  •  2 .  Ill,  3-211.2,  and  3  212  of  MIL-H- 
8501A  are  concerned  with  longitudinal  maneuver  and  dynamic  stability. 

It  was  found  that  the  vee-shaped  45-degree  tail,  sized  at  54  square  feet 
for  adequate  directional  stability  (see  6.3.  1),  will  have  a  proper  amount 
of  projected  horizontal  area  to  meet  adequately  the  longitudinal  maneu¬ 
ver  and  dynamic  stability  requirements. 

6.  3.  3  Stick  Position  Versus  Speed 

Paragraph  3.2.  10  of  SPEC  MIL-H-8501A  specifies  that  "the 
helicopter  shall  at  forward  speeds  .  .  .  possess  positive,  static  longi¬ 
tudinal  control  force  and  control  position  stability  with  respect  to  speed.  " 
The  stick  force  variation  versus  speed  requirement  will  be  met  with  a 
combination  of  trimmable  springs.  (The  helicopter  will  use  servos; 
therefore  an  artificial  "feel"  system  will  be  necessary. ) 
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Stable  control  position  stability  is  shown  in  Figures  11  and 
12  for  fixed  stabilizer  incidences  for  gross  weights  of  10,  000  pounds  and 
25,  000  pounds.  This  range  of  gross  weights  will  cover  all  test  cases 
from  investigation  of  high  autogyro  speed  at  low  gross  weight  to  the  al¬ 
ternate  overload  condition. 
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7.  STRUCTURAL  CHARACTERISTICS 


The  major  design  criteria  and  structural  characteristics  of 
the  research  aircraft  are  given  in  this  section.  The  design  gross  weight 
of  the  aircraft  is  1  5,  300  pounds  at  a  limit  load  factor  of  2.  5.  The  de¬ 
sign  criteria  also  include  design  speeds  as  reported  in  Section  5.  Ad¬ 
ditional  design  criteria  and  stress  analysis  for  the  rotor  and  upper  con¬ 
trol  system  are  given  in  References  3,  17,  18  and  19- 


7.1.1 


7.  1.2 


STRUCTURAL  DESIGN  CRITERIA 

Design  Gross  Weights 

Design  Gross  Weight  (maximum 
internal  loading) 

Alternate  Overload  Gross  Weight 
(maximum  internal,  plus  external 
loading) 

Design  Minimum  Gross  Weight 

Center  of  Gravity  Limits 
(approximate) 

Limit  Flight  Load  Factors 


1 5,  300  pounds 


25,  500  pounds 


1 0,  000  pounds 

Rotor  to  3.  3  inches 
^  fwd  of  Rotor 


Design  Gross  Weight  [+_2Q]  \  (internal  loading  only) 

Design  Minimum  Gross  Weight  ^+q'  75 


Hovering  alternate  overload  gross  weight  up  to  25,  500  pounds 
(at  a  load  factor  of  1.  50)  will  be  investigated. 

7.  1. 3  Landing  Criteria  (limit)  (ultimate  =  n/TTs  x  limit  impact 

velocity) 

As  limited  by  strength  of  H-34  landing  gear,  n  =  1. 75  at 
ground  (approximately)  at  maximum  landing  gross  weight  of  15,  300 
pounds  and  6  feet  per  second  impact  velocity  in  combination  with  0.  67  g 
f-otor  lift.  Total  helicopter  acceleration  at  CG  =  1 . 75  +  0.  67  =  2.  42  g 
(limit). 
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7.  1.4 


Design  Speeds  (sea  level  standard) 

G.  W.  =  15,  300  pounds 

Helicopter  maximum  level  speed, 
145  knots 


G. 


W.  =  10,000  pounds 

156  knots 


Helicopter  design  maximum  dive  speed, 

V  =  1.  38  x  145  =  200  knots 
U15,  300  # 

V  =  1.28  x  156  =  200  knots 

10,  000  # 


Autogyro  maximum  level  speed,  197  knots 

(faired  configuration) 


Autogyro  design  maximum  dive  speed, 
V  =  1.  14  x  197  =  225  knots 

U10,  000  # 


7.  1.  5  Main  Rotor  Structural  Criteria  (blades  and  hub) 

(Per  Section  I  of  Reference  3) 

7.  1.  6  Upper  Rotor  Controls  (including  hydraulic  actuators) 

(Per  Section  I  of  Reference  3) 

7.1.7  Lower  Rotor  Controls  and  Flight  Controls 


Limit  Pilot  Loads: 

Pilot 

To  Stops 
(Pounds) 

System 
Beyond  Stops 
(Pounds) 

Collective 

100 

60 

Longitudinal  Cyclic 

100 

60 

Lateral  Cyclic 

67 

40 

Pedal  (yaw  or  brakes) 

130 

78 

Dual  control  loads  are  75  percent  of  above  values  applied  at 
each  pilot  station  either  in  conjunction  or  in  opposition. 
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7.1.8 


Propulsion  System  Criteria  (2  G.  E.  T64  type  Gas 

Generators) 

Limit  pressures  and  temperatures  are  taken  from  the  T64 
gas  generator  data  given  in  References  11  and  12. 

A  1. 33  limit  factor  is  applied  to  advanced  engine  take-off 
pressures  of  the  referenced  reports ,  or  =  1 . 33  x  29.  0  =  38.  6  psig  at 
1184  degrees  Fahrenheit.  (The  limit  factor  need  not  be  applied  on  com¬ 
bined  flight  loadings.  )  Target  service  life  of  hot  parts  under  operating 
conditions  is  1,000  hours. 


7.1.9 


7. 1.  10 


7. 1.  11 


7. 1. 12 


Tail  Surface  Loads  (no  ultimate  factor) 

Symmetrical  loading: 

C  =  1. 0  at  =  225  knots 
n  D 

Chordwise  distribution  -  c.p.  25  to  50  percent  chord 

Unsymmetrical  loading  0  —  100  percent  distribution  of  above 
pressures 

Ground  Handling  Loads  (limit  -  at  15,  300  pounds  GW) 
a.  Mooring  -  40-knot  wind  from  any  horizontal  direction 


b.  Jacking  - 


2.0  g  vertical 
0.  5  g  fore  or  aft 
0.  5  g  lateral 


c.  Hoisting  -  2.  0  g  vertical 

d.  Towing  -  0.25  g  resultant  horizontal  ±30  degrees  from 

fore  or  ait 

Crash  Landing  Ultimate  Inertia  Factors 

Separately:  10  g  down,  10  g  forward,  4  g  side,  2  g  up. 

Ultimate  Factor  of  Safety 

1.  5  (except  as  otherwise  specified  herein) 
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PRELIMINARY  STRUCTURAL  DESIGN 


7.  2 


7.2.1  Discussion 

The  preliminary  structural  design  of  the  hot  cycle  research 
aircraft  is  primarily  directed  towards  investigating  the  suitability  of  the 
hot  cycle  rotor  system  for  operation  in  a  flight  vehicle  and  with  the  least 
development  time  and  cost.  Structural  feasibility  of  the  basic  hot  cycle 
rotor  system  has  been  demonstrated  during  over  60  hours  'of  whirl  test¬ 
ing.  In  keeping  with  the  contract  work  statement  and  with  the  above  ob¬ 
jective,  a  number  of  nonoptimum  materials,  as  well  as  numerous  avail¬ 
able  components  from  other  helicopters,  are  to  be  used  in  order  to 
permit  the  flight  research  vehicle  to  be  in  operation  at  an  early  date  and 
with  the  least  development  costs.  Thus,  it  is  realized  that  the  optimum 
weight  reduction  potential  for  a  hot  cycle  service  helicopter  will  not  be 
achieved  in  this  research  vehicle  and  that  further  structural  design  re¬ 
finement  could  considerably  enhance  the  payload  and  performance  capa¬ 
bility  of  a  similar  production  aircraft.  Maximum  use  will  be  made  of 
whirl  tower  components  such  as  upper  control  system,  hub  and  shaft 
components,  ducting,  and  the  rotor  blades.  Available  structural  compo¬ 
nents  which  are  utilized  from  other  helicopters  include  the  Hughes  HO-6 
cockpit  and  enclosure,  including  the  lower  flight  control  system  from 
pilot  to  servo  valves,  and  Sikorsky  H-34  main  and  tail  landing  gear 
assemblies. 


Structural  design  of  the  research  aircraft  matches  the  whirl 
tower  proven  hot  cycle  rotor  system  to  a  simple,  efficient,  aerodynami- 
cally  clean  aluminum  alloy  semimonocoque  airframe.  From  the  forward 
portion  of  the  airframe  which  is  based  on  Hughes  HO-6  tooling,  a  con¬ 
stant  center  section  extends  aft  blending  into  a  conical  aft  boom  section 
supporting  a  butterfly  tail,  yaw  control  jets,  and  the  tail  landing  gear  at 
its  aft  extremity.  In  order  to  save  weight,  improve  ducting,  and  to  sim¬ 
plify  structure  and  reduce  drag,  the  engine  nacelles  and  diverter  valves 
(as  well  as  the  main  landing  gear  struts)  are  supported  on  lateral  pylons 
disposed  at  each  side  of  the  upper  fuselage  and  mounted  at  the  same 
fuselage  frame  stations  as  the  main  rotor  pylon. 

The  structural  design  of  the  hot  cycle  research  aircraft  em¬ 
phasizes  simplicity,  not  only  to  reduce  development  and  tooling  costs  but 
also  to  improve  reliability  and  safety.  The  airframe,  in  general,  is  of 
semimonocoque  aluminum  alloy  construction  and  therefore  has  sufficient 
redundancy  of  members  to  be  considered  fail-safe.  Selection  of  struc¬ 
tural  materials  for  the  airframe  is  generally  conservative  in  order  to 
avoid  such  problems  as  stress  corrosion  cracking,  plating  embrittle¬ 
ment,  and  fatigue.  The  three -bladed,  gimbal-mounted,  hot  cycle  rotor 
system  is  expected  to  impose  comparatively  low  vibration  levels  on  the 
remainder  of  the  airframe;  thus,  fatigue  problems  are  not  anticipated 
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for  the  research  aircraft  airframe  structure.  Mounting  of  the  engine 
nacelles,  diverter  valves,  hot  gas  ducting,  and  rotor  system  on  external 
faired  pylons  minimizes  the  danger  of  fire  and  permits  the  majority  of 
airframe  components  to  operate  at  ambient  temperatures  acceptable  for 
aluminum  alloy  construction.  Hot  gas  components  will  make  use  of  high- 
temperature  materials  such  as  Rene' 41  and  Inconel  X,  that  have  been 
proven  reliable  during  whirl  tower  rotor  operation.  No  new  design  or 
fabrication  techniques  are  therefore  required  for  these  hot  components. 
Removal  of  the  hot  gas  overboard  exhaust  from  the  immediate  airframe 
area  also  minimizes  problems  due  to  sonic  fatigue  of  the  sheet-metal 
structure.  Minor  modifications  in  the  hub,  blades,  and  upper  controls 
will  be  in  the  nature  of  design  improvements  to  assure  even  greater  re¬ 
liability  and  safety  in  these  components  when  used  on  the  research 
aircraft. 


Hub  restraint  (Reference  Section  6.2)  was  considered  and 
found  to  apply  excessive  stresses  on  the  existing  shaft.  Therefore,  fur¬ 
ther  design  consideration  is  not  given  at  this  time.  However,  hub  re¬ 
straint  can  be  incorporated  at  a  future  date  by  redesign  to  strengthen  the 
affected  components. 

7.2.2  Airframe  Design 


a.  Fuselage.  The  main  rotor  is  supported  from  the  fuselage 
through  a  main  rotor  pylon  structure.  Members  transmit  loads  from  the 
upper  and  lower  main  rotor  shaft  bearing  housings  directly  to  four  major 
hard  points  in  the  upper  fuselage  monocoque  structure.  The  existing 
whirl  tower  pylon  structure  is  not  adaptable  to  the  dual  T64  engine  ar¬ 
rangement.  The  lateral  pylons  on  each  side  of  the  upper  fuselage  sup¬ 
port  nacelles  with  engines  and  diverter  valves  as  well  as  the  main  land¬ 
ing  gear  strut.  They  are  built  into  the  same  major  fuselage  frames  and 
longerons  which  support  the  rotor  pylon,  thus  eliminating  duplication 
and  shortening  the  load  paths.  The  nacelle-pylon  arrangement  provides 
simplicity  of  structure,  maximum  accessibility,  excellent  duct  routing, 
and  minimum  airframe  weight. 

An  aluminum  alloy  semimonocoque  fuselage  structure  was 
chosen  for  the  hot  cycle  research  vehicle  because  it  provided  simple 
tooling,  high  strength-weight  efficiency,  and  minimum  development  time 
and  cost.  The  forward  cockpit  and  enclosure  is  based  on  the  Hughes 
HO-6  tooling  with  member  gages  increased  where  necessary.  The  fuse¬ 
lage  continues  in  constant  cross  section  throughout  the  central  portion  of 
the  fuselage.  The  aft  fuselage,  or  boom,  is  a  stiffened  circular  cone 
providing  support  for  the  butterfly  tail,  the  yaw  control  jets,  and  the  tail 
landing  gear.  Fuel  is  carried  in  the  central  fuselage  section.  The 
stiffened  aluminum  alloy  construction  is  shown  in  Section  7.2.3  to  be 
near  optimum  for  the  imposed  loadings.  Aluminum  alloys  (2024)  will 
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generally  be  used  for  the  fuselage  monocoque  structure  to  simplify  fabri¬ 
cation!  reduce  costi  and  minimize  development  problems. 

Crashworthiness  features  of  the  Hughes  HO-6  cockpit  enclo¬ 
sure!  such  as  integral  seat  and  safety  harness  support  structure!  will  be 
utilized  in  the  research  aircraft.  Major  fuselage  members  supporting 
the  rotor  and  the  nacelles  are  designed  for  a  crash  load  factor  of  10  g  - 
or  2-1/2  times  minimum  FAA  requirements  (Reference  Section  7.  1). 
Structure  supporting  fuel  tankage  is  designed  with  due  consideration  for 
good  crashworthy  and  fireproof  characteristics.  Provision  for  external 
cargo  support  directly  from  the  rotor  thrust  bearing  housing  and  pylon  is 
providedi  thus  relieving  the  fuselage  structure  of  this  additional  loading. 
An  opening  through  the  lower  fuselage  provides  adequate  clearance  for 
swinging  of  the  cargo. 

b.  Nacelle  and  Lateral  Support  Pylons.  In  Figure  13!  each 
General  Electric  T64  gas  generator  is  shown  supported  on  a  six- 
component  mounting  system  which  isolates  thermal  and  structural 
strains  from  the  engines.  Each  diverter  valve  and  ducting  section  is 
supported  on  an  additional  four-component  mounting  system  which  sup¬ 
ports  all  major  gas  pressure  loads,  including  one  engine  inoperative, 
and  dead-weight  loads  from  the  diverter  section,  leaving  only  two  light 
positioning  load  components  to  be  supported  at  the  slip-joint  to  the  en¬ 
gine  outlet.  Slip-jointed  and  articulated  attachments  isolate  thermal  and 
structural  strains  between  the  diverter  section  and  the  remaining  ducting 
to  the  rotor. 

A  two-spar,  stressed- skin,  airfoil- shaped  pylon  attaches  the 
nacelle  to  the  main  fuselage  structure  at  the  same  main  frame  stations 
to  which  the  main  rotor  pylon  attaches.  The  lateral  pylon  structure  also 
supports  the  main  landing  gear  shock  strut  loads,  to  even  further  avoid 
duplication  of  fuselage  members.  Landing  inertia  loads  from  the  rotor 
and  propulsion  system  thus  bypass  the  fuselage  entirely. 

c.  Landing  Gear.  Available  Sikorsky  H-34  landing  gear 
components  are  used  for  both  the  main  and  the  tail  landing  gear  of  the 
hot  cycle  research  aircraft  in  order  to  reduce  development  time  and 
cost.  The  main  oleo  strut  geometry  is  rearranged  to  a  more  nearly  ver¬ 
tical  position  for  attachment  to  the  nacelle  pylons.  The  Sikorsky  landing 
gear  was  originally  designed  for  8  feet  per  second  contact  velocity  and 
11,400  pounds  landing  weight;  however,  modifications  will  be  made  as 
necessary  to  provide  for  6  feet  per  second  contact  velocity  at  15,  300 
pounds  gross  weight  for  the  hot  cycle  research  vehicle.  Since  chord- 
wise  natural  frequencies  of  the  hot  cycle  rotor  system  are  above  all  nor¬ 
mal  rotor  speeds,  ground  resonance  will  not  become  a  problem  due  to 
landing  gear  modifications. 
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d.  Stabilizing  and  Control  Components.  Yaw  and  pitching 
stability  of  the  helicopter  are  provided  by  a  butterfly  tail  surface  ar¬ 
rangement  at  the  end  of  the  fuselage  boom.  Simple  two-spar,  semi- 
monocoque  structure  is  provided,  utilizing  a  beaded  outer  skin  and  a 
minimum  of  ribs  or  internal  stiffeners  in  order  to  simplify  fabrication 
and  tooling  and  to  reduce  cost.  Yaw  control  jets  on  each  side  of  the  aft 
tail  cone  are  also  provided  for  hovering  yaw  control. 

e.  Flight  Control  Systems.  The  cockpit  controls  are  HO-6 
components.  Other  available  HO-6  components  are  utilized  whenever 
possible  in  the  lower  flight  controls  from  the  cockpit  to  the  servo  valves. 
Hydraulic  valves  and  cylinders  are  also  available  items  (reference 
Figure  14). 

7.  2.  3  Basic  Loads 


The  following  typical  preliminary  basic  load  calculations 
are  intended  to  substantiate  values  shown  in  Section  7.  1,  Structural  De¬ 
sign  Criteria,  and  to  indicate  the  method  of  obtaining  critical  loadings 
for  use  in  preliminary  structural  design  of  the  airframe. 

a.  Landing  Loads 

(1)  Sikorsky  H-34  Landing  Gear 

Limit  Drop: 

Landing  Weight  =  11,400  pounds 

Rotor  Lift  =  1/2  W 

Contact  Velocity  =  8  feet  per  second 

Assumed  tire  efficiency  at  30  percent  and 
6.  5-inch  deflection 

Assumed  oleo  efficiency  at  70  pe\’cent  and 
9.  5-inch  vertical  axle  travel  (reference  Figure  15) 

2 

12  ^.(?L  +  (9.  5  +  6.  5)  -  1/2(9.  5  +  6.  5) 

2  x  32.  2 

=  n(0.  70  x  9.  5  +  0,  30  x  6.  5) 

I  q  g 

n  =  — 1 —  ■-  2.  32  g  (limit  ground  load  factor). 
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Alternate  Computation: 

Ultimate  Helicopter  Drop  Load  Factor  =  4.  0  g  (per  verbal 

information) 
-0.  5  g  (rotor  lift) 

=  3.  5  g  (ground) 

3  5 

Limit  Ground  Load  Factor  =  y— ^  =  2.  33  g 


H-34  landing  gear  will  support  a  total  limit  ground  load 
»  11. 400  x  2.  33 
^  26, 600  pounds 

(2)  Hot  Cycle  Research  Aircraft  Landing  Gear 

Because  of  the  ability  to  maintain  flight  with  one  engine 
inoperative,  the  criteria  of  6  feet  per  second  contact  velocity  in  com¬ 
bination  with  2/3  W  rotor  lift  (reference  MIL-S-8698  (A.S.G.  ),  Para¬ 
graph  3.  4,  2)  is  considered  acceptable  as  a  limit  condition  for  the  hot 
cycle  research  aircraft 

2 

+  (9.  5  +  6.  5)  -  2/3  (9.  5  +  6.  5)  =  +  n  (.  70  x  9.  5  +  .  30  x  6.  5) 

L  x  ie,'L  +  6.  7  +  5.  3  =  8.  6  n 

n  =  °  =  1, 40  g  (limit  ground  load  factor) 

8.  6  . 


Hot  cycle  research  aircraft  design  landing  weight  =  15,  300  pounds. 

Total  hot  cycle  limit  ground  load  =  15,  300  x  1. 40  =  21,  300  pounds, 
and  hot  cycle  research  aircraft  landing  gear  will  safely  withstand 

a  limit  ground  load  factor  =  21’’  3’QO  x  ^0 

=  1. 75  g  (use)  (conservative) 


(3)  Tail  Wheel  Loads 

Due  to  the  distance  of  the  tail  landing  gear  from  the  heli¬ 
copter  center  of  gravity  in  relation  to  the  main  gear  and  in  relation  to 
the  helicopter  radius  of  gyration,  the  translational  impact  is  seen  to  be 
somewhat  more  critical  than  a  tail  first  contact  (as  shown  in  the  follow¬ 
ing  calculations). 
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Figure  15.  Landing  Gear  Data. 
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Effective  mass  ratio  {tail  first)  (reference  Figure  15) 
W. 


e 

W 


1 


1 


1  + 


(*)  *♦(? f) 


w 

Effective  mass  ratio  (3  point)  — — 

W 


m 


x  +  x. 
m  t 


=  0.0926 


3,  1 
27.  5 


=  0. 113  (use) 


Since  the  total  tail  gear  vertical  axle  travel  due  to  oleo 
travel  =  12.  0  inches  (reference  Figure  15)  and  the  tire  deflection  at 
maximum  load  s4,0  inches  (for  a  total  travel  of  the  effective  mass 
approximately  equal  that  of  the  main  gear),  the  same  ground  load  fac¬ 
tors  as  developed  for  the  main  gear  (reference  item  a.  above)  will  be 
used  for  the  tail  gear. 

Tail  Gear  Load  Factor  =  1.5x1. 75  =  2.62  g  ultimate  at 

11.3  percent  effective  mass. 

Design  Maximum  Landing  Weight  =  15,  300  pounds 

Tail  Wheel  Load  =  0.113  x  15,  300  x  2.  62 
=  4,  530  pounds  (ultimate) 

(Less  critical  than  tail  surface  load  of 
item  b.  below) 

b.  Tail  Surface  Load 

Maximum  =  1.0  at  225  knots  (maximum  design 
dive  speed) 

Total  Tail  Area  (horizontal  projection)  =  0.  707  x  54 

=  38. 1  square 
feet 

Maximum  Vertical  Load  =  1.0  x  0.00256(1.15  x  225)^ 

x  38.  1 

=  6,  500  pounds  (ultimate,  up 
or  down) 

c.  Engine  -  Diverter  Valve  Loads.  Direction  and  character 
of  support  loads  are  shown  in  Figure  13.  An  ultimate  factor  of  safety 

of  1.  5  will  be  maintained.  Target  service  life  shall  be  1, 000  hours  at 
operating  temperatures  and  pressure. 
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7.2,4  Weight  -  Strength  Optimization  of  Aft  Fuselage  Structure 

Weight-strength  ratios  can  be  conveniently  evaluated  by  the 

parameter 


A 

M2'3 

Where  A  is  the  total  cross  sectional  area  of  a  2024  alumi¬ 
num  alloy  stiffened  cylindrical  shell,  and  M  is  the  bending  moment 
(reference  20). 


K .  =  5.24 
4 


A  plot  of  this  parameter  is  obtained  for  L/D  of  0.  10  and  0.  20 
and  is  shown  in  Figure  16. 

The  following  preliminary  design  calculations  were  per¬ 
formed  to  indicate  the  most  nearly  optimum  structural  arrangement 
for  the  aft  fuselage  and  to  assist  in  substantiation  of  weight  estimates. 
Similar  calculations  (not  included)  were  also  performed  for  the  nacelle 
and  rotor  pylon  structure  to  assist  weight  estimation.  Structural  index 
(Reference  20)  and  beam  load  intensity  are  calculated  for  four  typical 
aft  fuselage  stations. 

7.  2.  5  Fuselage  Design  Calculations 

a.  Section  -  Station  580: 

Circular  Diameter  =  25.  5  inches 

Moment  =  (651.  5  -  580)  x  6,  500  =  466,  000  inch -pounds 

(ultimate) 

Structural  Index,  ^  =  ~~~  =  3. 04  ,  and 

D3  Z5-  5 

Load  Intensity  =  - 466,  000  _  ^g  p0uncj8  per  inch 

0.  785(25.  5) 2 
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z/z- 


FROM  FIG  4-2  OF  REFERENCE  20 


Figure  16.  Optimum  Fuselage  Parameters. 
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b.  Section  -  Station  468.  5: 


Circular  Diameter  -  49.  5  inches 

Moment  =  (651.  5  -  468.  5)  x  6,  500 

=  1 ,  190,  000  inch-pounds  (ultimate) 

Structural  Index  ( — —  ^  =  2.14 

\D3  /  49-5  - 

1,  190,  000 

Load  Intensity  =  >  =  618  pounds  per  inch 

0.  785  (49.  5) 

c.  Section  -  Station  408.  5: 

Approximate  Circular  Diameter  =  60  inches 

Moment  =  (651. 5  -  408.  5)  x  6,  500  =  1,  580,  000 

inch-pounds  (ultimate) 

Structural  Index  (  — ^  =  4—  =1.94 

U3/  60  = 

Load  Intensity  =  *  ’  58°'  °0C!,  =  558  pounds  per  inch 
0.785  (60)2 


d.  Section  -  Station  617,  5: 

Circular  Diameter  =  17.7  inches 

Moment  =  (651. 5  -  617.  5)  x  6,  500 

=  221 , 000  inch-pounds  (ultimate) 

Structural  Index  ( =  3.  42 
\D3  /  17-7  - 

Load  Intensity  =  — — .  =  893  pounds  per  inch 
0. 785  (17. 7) 

7.2.6  Representative  Fuselage  Skin  Stringer  Panels 

The  following  fuselage  panel  design  calculation's  are  based  on 
calculated  panel  load  intensities  from  pages  79  and  81  .  Stringer  and 
skin  sizes  are  derived  for  the  representative  fuselage  stations. 
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a.  At  5  inches  stringer  spacing  and  approximately  900  pounds 
per  inch  (represents  stations  580  and  617.  5): 

Load  per  Stiffener  =  900  x  5  =  4,  500  pounds  (ultimate) 

Allowable  Stress,  F  =  29,000  psi  (estimated  for  2024 

aluminum  alloy  and 

L1 

—  <a  48  at  20-inch  frame- spacing) 

P 

4  500 

Total  Required  Effective  Area  =  — '■ -  =  0.153  square 

29, 000  inch 

Area  of  40  t  effective  skin  at  0.  032  inch  =  40  (0.  032)^ 

~  =  0. 041  square  inch 

Stiffener  Area  Required  =  0.  153  -  0.  041  =  0.  112  square 

inch 

Stiffener  Area  =  2.  8  (developed  length  from  sketch)  xO.  040 
=  0.112  square  inch 


From  Sketch,  p  3  0.30  x1.13  =  0.34  inch 


For  20-inch  frame  spacing, 

L1  -  L  -  20 

"  a/TTT  1-225 

=  16.3  inches 

,  L1  16.  3  .  q 

and  —  =  - -  =  48 

P  0.  34 

Column  Allowable  Stress 
=  29,  000  psi 


t.04o\ 

7 

: — 1 1 

o  -* 

- 

A/j‘ 


O.  o3Z  SK/A/ 

TYPICAL  STIFFENER 


b.  At  5-inches  stringer  spacing  and  approximately  600  pounds 
per  inch  (represents  stations  468.  5  and  408.  5): 

Load  per  Stiffener  -  600  x  5  =  3000  pounds  (ultimate) 

Allowable  Stress,  Fc  =  26,  000  psi  (estimated) 

Total  Required  Effective  Area  =  .  =  0.  114  square 

26, 000  inch 
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Area  of  40  t  Effective  Skin  at  0.  025  inch  =  40  (0.  025) 

=  0. 025  square 
inch 

Stiffener  Area  Required  =  0.114  -  0.025  =  0.089  square 

inch 

Stiffener  Area  =  2.8  x  0.  032  =  0.  089  square  inch  for 
0.  032  inch  stringer  similar  to  sketch  above. 

From  the  curve  of  average  areas  for  2024  aluminum  alloy- 
stiffened  cylinders  (frames  and  stringers)  (Reference  Figure  16),  it  may 
be  seen  that  the  aft  fuselage  structural  indices  of  approximately  2  to  3 
(reference  pages  79  and  81)  are  near  optimum  for  a  24ST  stiffened 
cylindrical  shell.  The  average  frame  spacing  of  20  inches  is  3  times 

the  optimum  (since  —  =  =  0.  33  vs.  optimum  =  0.  115); 

D  60 

however,  the  weight  increase  is  small  due  to  the  too  few  frames  while 
the  cost  and  time  savings  are  great.  It  is  concluded  that  the  fuselage 
design  for  the  hot  cycle  research  aircraft  maintains  reasonable  strength- 
weight  efficiency,  while  offering  ease  of  fabrication  through  simplicity, 
together  with  low  development  risk  through  a  straightforward  design 
approach. 
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8.  DYNAMIC  CHARACTERISTICS 


8.  1  ROTOR  DYNAMICS 


The  rotor  which  will  be  used  on  the  Research  Aircraft  is 
essentially  the  one  which  was  used  in  the  whirl  tests  reported  in  Refer¬ 
ence  10  and  for  which  the  dynamic  characteristics  were  reported  in 
Reference  21.  The  flapwise  and  chordwise  natural  frequencies  of  the 
whirl  test  rotor  are  given  here  in  Figure  17,  which  is  reproduced  from 
Figure  1  of  Reference  21. 

It  is  seen  that  no  chordwise  or  flapwise  resonances  (circled 
points)  occur  in  the  operating  range  of  the  rotor.  The  closest  possible 
resonances  to  the  operating  range  occur  between  chordwise  pinned  first 
mode  and  6/rev,  and  chordwise  cantilever  second  mode  and  7/rev. 

Both  of  these  resonances  will  occur  at  about  90  percent  of  the  minimum 
operating  RPM.  This  10-percent  margin  is  considered  adequate,  con¬ 
sidering  that  the  system  has  some  inherent  damping. 

The  only  design  change  contemplated  in  the  rotor  at  this 
time  would  involve  increasing  the  chordwise  stiffness  of  the  first  canti¬ 
lever  chordwise  mode  to  raise  its  natural  frequency  about  10  percent 
further  away  from  one  per  rev  than  shown  in  Figure  17  in  the  operating 
range.  This  particular  mode  is  more  removed  from  actual  resonance 
than  the  two  other  modes  mentioned  above,  but  there  is  such  a  strong 
one-per-rev  forcing  function  that  the  first  mode  responds  fairly  strongly. 
This  response  can  be  reduced,  and  blade  life  increased,  by  increased 
chordwise  stiffness.  The  forcing  functions  at  two  per  rev,  three  per 
rev,  etc.,  which  excite  higher  modes,  are  of  much  smaller  magnitude, 
leading  to  acceptable  stresses  in  the  operating  range. 

8.2  FUSELAGE  VERTICAL  AND  LATERAL  NATURAL 

FREQUENCIES 


Because  of  the  rather  long  and  slender  proportions  of  the 
fuselage  of  the  research  aircraft,  a  brief  review  was  made  of  the  prob¬ 
able  natural  frequencies  of  the  fuselage  for  both  vertical  and  lateral 
motions.  No  generalized  data  could  be  found  that  would  be  applicable 
for  such  a  fuselage,  and  the  preliminary  nature  of  this  study  precluded  a 
detailed  analysis  of  the  fuselage  mass  and  stiffness  distribution  to  com¬ 
pute  natural  frequencies.  However,  some  unpublished  data  were  avail¬ 
able  on  the  vertical  and  lateral  natural  frequencies  of  the  fuselage  of 
another  single-rotor  helicopter  (the  H-34)  which  is  approximately  the 
same  length  as  that  for  the  research  aircraft.  This  reference  fuselage 
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NATURAL  FREQUENCY  SQUARED  (RAD/SEC) 


CN 


HOT  CYCLE  ROTOR 

•RANGE  OF  FREQUENCIES  OBTAINED  FROM  SHAKE  TESTS 


CHORDWISE  CANTILEVER 
2ND  MODE 


/CHORDWISE  PINNED  C 
4  ROTATE 


SE  CANTILEVER 


40  80  120140160  180  200  219  243  260 

RPM 


Figure  17.  Predicted  Dynamic  Characteristics. 
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was  substantially  deeper  than  that  proposed  for  the  research  aircraft. 
However,  the  reference  fuselage  was  also  a  heavier  one,  with  a  heavier 
concentration  of  mass  at  its  aft  end.  As  a  result,  it  was  felt  that  the 
frequencies  of  the  reference  helicopter  fuselage  would  reasonably  rep¬ 
resent  what  might  be  found  for  the  research  aircraft.  The  vertical 
natural  frequency  of  the  reference  fuselage  was  about  400  cycles  per 
minute;  the  lateral  natural  frequency  was  about  350  cycles  per  minute. 

The  rotor  for  the  research  aircraft  will  operate  at  243  rpm. 
This  will  lead  to  a  one-per-rev  input  forcing  function  from  the  rotor 
due  to  blade  unbalance,  unequal  moments,  etc.,  of  243  cpm.  Because 
of  the  three  blades,  the  first  level  of  aerodynamic  inputs  from  all  three 
blades  operating  equally  will  be  729  cpm.  If  the  assumed  analogy  of  the 
frequencies  of  the  fuselage  of  research  aircraft  to  that  of  the  reference 
fuselage  is  valid,  then  it  could  be  expected  that  the  most  probable  in¬ 
puts  from  the  rotor  (one  per  rev  and  three  per  rev)  will  bracket  the 
probable  vertical  and  lateral  natural  frequencies  of  the  fuselage.  As  a 
result,  the  fuselage  could  be  expected  to  shake  very  little  in  response 
to  vibration  forces  caused  by  the  rotor-  Actual  mass  and  stiffness  dis¬ 
tributions  will  be  required  to  establish  a  more  reliable  estimate  of 
these  frequencies.  Shake  teats  should  be  performed  prior  to  flight  to 
substantiate  the  correctness  of  the  foregoing  tentative  conclusions  that 
no  major  fuselage  response  exists  for  normal  operation. 
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9.  PRELIMINARY  DESIGN  OF  MAJOR  SYSTEMS 


This  section  contains  preliminary  information  on  the  design 
of  all  major  systems  and  subsystems  of  the  complete  research  aircraft 
shown  in  Figure  5.  Drawings,  both  layout  and  detailed,  which  were  pre 
pared  in  the  performance  of  this  study,  are  presented  herein.  A  brief 
description  of  the  major  systems  is  also  given. 

9.  1  ROTOR  SYSTEM 


The  general  configuration  of  the  rotor  system  is  shown  in 
Figures  5  and  18.  This  rotor  is  to  be  the  same  rotor  which  was  suc¬ 
cessfully  tested  in  the  whirl  tests  reported  in  Reference  10,  with  the 
exception  of  the  changes  listed  below.  It  is  constructed  with  two  pri¬ 
mary  steel  spars  which  carry  centrifugal  and  bending  loads.  The  hot 
gases  are  carried  to  the  blade  tip  nozzles  through  two  ducts  made  of  a 
succession  of  slip-jointed  boxes  of  Rene'  41  alloy,  a  high-temperature, 
high  nickel-based  alloy.  The  slip-jointed  boxes  are  attached  to  the  two 
spars  by  chordwise  ribs,  to  which  the  external  aerodynamic  skin  is  at¬ 
tached.  A  nose  fairing  is  attached  over  the  leading  edge  spar.  A  set 
of  aluminum  trailing  edge  pockets  are  attached  around  the  rear  spar  to 
complete  the  aerodynamic  contour  of  the  NACA  0018  airfoil. 

The  blades  are  each  attached  to  the  rotor  hub  with  two  bun¬ 
dles  of  thin  steel  straps.  The  rotor  hub  is  gimbal  mounted  in  a  free- 
floating  manner  to  the  rotor  mast.  The  blade  pitch  arms  are  actuated 
from  centrally  located  control  rods  which  are  controlled  from  a  swash- 
plate  located  beneath  the  rotor  hub. 

The  following  changes  will  be  made  to  the  existing  rotor 
system  as  a  result  of  the  previous  60-hour  whirl  test  and  component 
tests. 


a.  Incorporate  blade  tip  closure  valves  in  accordance  with 
the  detail  design  reported  in  Reference  24.  This  will  permit  single 
engine  operation  in  the  research  aircraft. 

b.  Provide  reinforcement  of  hub  gimbal  lugs  to  increase 
strength  of  gimbal  system  for  in-plane  loads. 

c.  Add  gimbal  lug  thrust  bearings  to  provide  direct  load 
path  for  in-plane  loads. 

d.  Provide  blade  spars  of  steel  in  place  of  titanium  to  elim 
inate  excessive  notch  sensitivity  of  titanium  alloy. 
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Fit'll ro  18.  Hot  Cycle  Rotor. 


e.  Provide  increased  natural  frequency  in  chordwise  bend¬ 
ing  of  blades  to  increase  spread  from  operating  frequency. 

f.  Provide  reinforced  articulate  duct  damped  joints  to 
eliminate  leakage  during  severe  maneuvers. 

g.  Reduce  weight  of  swashplate  to  improve  structural  effi¬ 
ciency  and  to  provide  for  new  hydraulic  actuator  positioning. 

h.  Provide  lightweight  lower  Y-duct  and  upper  rotating  tri¬ 
duct  to  improve  structural  efficiency  and  to  reduce  stresses  during 
transient  power  conditions. 

9.  1.  1  Hub  Restraint 


Hub  restraint  will  not  be  used  initially  on  the  research  air¬ 
craft.  However,  in  anticipation  that  hub  restraint  may  eventually  be 
used,  a  suggested  means  of  providing  rotor  hub  elastic  restraint  in  a 
simple,  inexpensive  manner  is  shown  on  Figure  19.  The  restraint  con¬ 
sists  of  a  ring  of  BUNA-N  rubber,  which  is  compressed  whenever  the 
hub  tilts  with  respect  to  the  shaft.  Although  this  rubber  type  of  re¬ 
straint  is  subject  to  high  hysteresis  under  large  deflections,  an  effective 
hub  deflection  of  3  degrees  with  the  moment  gradient  calculated  to  meet 
the  requirements  of  MIL-H-3501A  can  be  achieved  with  the  BUNA-N 
rubber,  which  will  be  adequate  for  initial  testing  of  a  hub  restraint  sys¬ 
tem.  However,  a  maximum  of  6-degree  hub  deflection  will  be  neces¬ 
sary  for  a  full  test  program  of  a  restrained  hub.  For  this  much  hub 
tilt,  a  different  method  of  restraint  is  required  and  a  "liquid  spring" 
seems  promising.  Further  work  will  be  required  to  obtain  maximum 
hub  restraint  if  it  is  decided  to  install  this  type  of  device.  The  rework 
of  rotor  hub  and  shaft  mentioned  in  Section  6.  2  will  be  required,  of 
course;  to  maintain  stresses  at  acceptable' levels. 

9.2  PROPULSION  SYSTEM  AND  NACELLES 


The  power  plant  installation  for  this  research  aircraft  fea¬ 
tures  good  inspection  and  maintenance  access,  convenient  engine  and 
diverter  valve  removal,  good  fire  detection,  protection,  and  prevention,  and 
aerodynamically  clean  inlet  conditions.  The  major  components  of  the 
propulsion  system,  such  as,  engine,  diverter  valves,  mounting,  ducting, 
and  nacelle  structure,  are  shown  in  Figures  20  and  21.  Additional  in¬ 
formation  on  engine  controls,  cooling  system,  fuel  system,  etc.  ,  is 
given  below. 
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9.  2.  1 


Engines 

The  engines  are  gas  generator  versions  of  the  General  Elec¬ 
tric  T64.  No  single  drawing  is  available  from  General  Electric  which 
shows  the  complete  gas  generator.  However,  the  composite  drawing  of 
the  engine  shown  in  Figures  20  and  21  was  prepared  according  to  in¬ 
structions  from  General  Electric  and  represents  the  engine  gas  genera¬ 
tor  configuration  that  will  be  furnished  by  General  Electric  for  the  re¬ 
search  aircraft.  The  front  of  the  engine  from  the  compressor  inlet  to 
the  beginning  of  the  hot  section  is  taken  from  Reference  22,  omitting  the 
power  output  shaft.  The  hot  section  of  the  engine,  which  consists  of  a 
two-stage  turbine  sufficient  to  drive  the  gas  generator  only  (instead  of 
the  usual  four-stage,  two-piece  turboshaft  turbine),  is  taken  from  Ref¬ 
erence  23,  and  includes  components  that  were  used  during  development 
testing. 

9.  2.  2  Diverter  Valves 


General  Electric  J85  diverter  valves  are  used.  The  dimen¬ 
sions  are  given  in  Reference  7.  Because  the  inlet  diameter  of  the  di¬ 
verter  valves  is  about  3  inches  smaller  in  diameter  than  the  exit  from 
the  gas  generator,  a  small  transition  section  is  required  between  the 
gas  generator  and  the  diverter  valve.  This  short-piece  transition  duct¬ 
ing  is  shown  on  Figure  21.  This  same  transition  piece  also  includes  a 
ball-type  seal  which  provides  for  thermal  expansion  and/or  misalign¬ 
ment  between  the  engine  and  diverter  valve.  The  diverter  valve's  posi¬ 
tion  is  controlled  from  the  cockpit  by  hydraulic  system  actuation. 

9.  2.  3  Hot  Gas  Ducting 

Figures  20  and  21  show  the  two  ducts  which  carry  hot  gas 
either  to  the  "Y"  duct  at  the  rotor  hub  for  helicopter  operation  or  to  the 
rearward  facing  nozzles  for  autogyro  operation,  depending  on  the  posi¬ 
tion  of  the  diverter  valves.  Both  of  these  ducts  have  flexible  joints 
which  allow  for  thermal  expansion  or  misalignment. 

It  should  be  noted  that  the  autogyro  nozzles  also  serve  as 
engine  exhausts  when  starting  the  engines  on  the  ground  before  it  is 
desired  to  start  the  rotor  turning. 

9.  2.  4  Engine  Controls 

The  engine  fuel  control  utilizes  two  airframe  supplied  link¬ 
age  connections  to  two  concentric  control  input  shafts.  The  power  con¬ 
trol  shaft  is  linked  to  a  cockpit  power  control  for  engine  starting,  ac¬ 
celeration,  shutdown,  and  rotor  speed  setting.  The  load  signal  shaft  is 
linked  to  collective  pitch.  For  normal  flight  operation  the  rotor  speed 
governor  acts  as  a  droop  governor  to  regulate  gas  generator  power 
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Figure  21.  Detail  Layout-Engine  and  Diverter  Valve  Installation, 


setting  in  proportion  to  rotor  speed  variation.  The  load  signal  presets 
the  fuel  flow  setting  to  minimize  the  effect  of  engine  loading  upon  tran¬ 
sient  and  steady  state  power  turbine  speed.  The  research  aircraft  gas 
generators  have  no  power  turbine.  Instead,  the  rotor  speed  signal  (at 
a  nominal  243  rpm)  substitutes  for  the  power  turbine  signal  which  nor¬ 
mally  transmits  into  the  fuel  control  at  4,  995  rpm  when  power  turbine 
speed  is  17,000  rpm.  Therefore,  a  speed  multiplier  is  required.  This 
speed  multiplier  is  provided  in  the  accessory  gear  box  which  is  de¬ 
scribed  below.  Obviously,  this  rotor  speed  signal  will  require  essen¬ 
tially  zero  power  from  the  accessory  gear  box,  but  the  signal  must  be 
produced  at  the  proper  rpm  to  make  the  fuel  control  function  properly. 
The  rotor  speed  output  shaft  from  the  accessory  gear  box  will  drive  a 
hydraulic  pump  which  will  be  connected  in  a  1:1  speed  relationship  to  a 
hydraulic  motor  mounted  directly  in  front  of  the  speed  signal  pad  on  the 
fuel  control.  A  short  flexible  shaft  will  connect  the  hydraulic  motor 
and  the  fuel  control  at  the  speed  signal  pad. 

A  cable  and  pulley  system  was  selected  to  operate  the  two- 
engine  control  shafts  for  the  following  reasons: 

a.  The  power  control  shaft  has  a  120-degree  nominal  travel 
and  the  load  signal  shaft  has  a  120-degree  range  including  overtravel. 
Poor  linearity  and  rigging  conditions  would  occur  with  these  travels,  if 
a  rod  and  ball  crank  system  were  used. 

b.  The  cable  system  is  lighter  than  a  push  rod  and  bell 
crank  system. 

c.  The  nacelle  contours  require  a  compact  control  system 
which  can  fit  inside  the  contour.  Cables  proved  to  be  more  adaptable 
to  this  condition. 

9.  2.  5  Propulsion  System  Mounting  (See  Figures  13,  20,  and  21) 

Limitations  on  the  YT64  aft  section  permissible  loads  re¬ 
quired  isolation  of  diverter  valve  forces  from  the  engine  casing.  Con¬ 
sequently,  the  propulsion  mounting  system  consists  of  three  elements: 

a.  A  conventional  jet  engine  type  of  mounting  system  for 

the  engine. 

b.  A  diverter  load  absorption  yoke. 

c.  A  tailpipe  support  system. 

The  engine  mount  supports  form  a  statically  determinate 
system.  A  ball  stud,  fixed  to  engine  at  one  inboard  forward  mounting 
pad,  is  retained  in  the  socket  of  a  tripod-type  mount  which  is  attached 
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to  the  nacelle  structure  in  a  stable  manner.  This  support  point  reacts 
vertical,  side,  and  thrust  loads.  Another  spherical  bearing  is  mounted 
in  a  fitting  attached  to  the  nacelle  structure  just  aft  of  the  engine  center 
of  gravity.  An  inverted  V-link  system  connects  this  spherical  bearing 
to  the  rear  upper  engine  support  lugs.  A  crowned  spacer  (integral  with 
a  link)  is  utilised  to  provide  a  rolling  action  on  the  bore  of  the  engine 
mount  lugs  corresponding  to  the  action  of  the  spherical  bearing  on  the 
structure.  This  support  point  reacts  vertical  and  side  loads  only,  with 
no  fore  and  aft  restraint.  Engine  expansion  is  consequently  permitted 
by  this  support  point. 

The  remaining  engine  support  is  a  ball  rod-end  stabilizer 
link  located  on  a  forward  engine  mount  pad  opposite  the  thrust  reaction 
point.  This  support  reacts  in  a  vertical  direction  only.  Moments  in  a 
plane  normal  to  the  engine  longitudinal  axis  are  reacted  by  the  two  for¬ 
ward  mount  members. 

The  diverter  valve  produces  large  forces  as  the  result  of 
the  action  of  engine  gas  pressure  on  the  surfaces  of  the  diverter  shell 
and  valves.  Since  flexible  joints  are  required  at  all  three  ends  of  the 
diverter  to  prevent  transmission  of  excessive  thrust  or  radial  loads  to 
the  engine,  rotor  ducts,  and  tailpipe,  these  large-magnitude  pressure 
forces  must  be  reacted  by  a  primary  load-carrying  system  which  will, 
however,  permit  relative  motion  of  these  components  due  to  deflection 
of  the  airframe  and  nacelle  structure.  Comparison  of  several  proposed 
parallel  L  and  V  strut  systems  and  their  attachment  to  the  structure  in¬ 
dicated  that  for  the  number  of  degrees  of  freedom  required  by  the  sys¬ 
tem,  a  yoke-type  support  was  superior  in  action  and  simplicity.  The 
extra  weight  of  the  yoke  is  offset  by  the  additional  support  attachment 
fittings  and  multiple  load  path  structural  reinforcement  of  the  other 
proposed  systems. 

The  diverter  valve  side  outlet  reducing  transition  duct  is 
sized  so  the  resultant  of  the  diverter  valve  forces  acts  in  the  plane  of 
the  yoke  when  the  engine  gas  is  diverted  90  degrees.  When  the  gas  dis¬ 
charges  straight  through  the  diverter  valve,  the  forces  are  small  and 
result  only  from  the  pressure  loss  through  the  valve  and  small  changes 
in  momentum.  For  the  one-engine-out  condition  and  intermediate  valve 
positions,  the  component  of  load  out  of  the  yoke  plane  is  reacted  by  two 
auxiliary  support  struts. 

The  weight  of  the  diverter  is  supported  by  the  engine  aft  end 
and  a  stabilizing  link  at  the  side  outlet  transition  duct. 

All  connections  to  the  diverter  valve  are  sealed  spherical- 
type  joints  with  expansion  provisions.  These  joints  resist  shear,  but 
not  moments  or  axial  forces. 


100 


The  forward  tailpipe  support  consists  of  two  struts  and  a 
gimbal  ring  assembly  which  carries  tailpipe  thrust  loads  to  the  aft  main 
nacelle  frame.  This  system  is  designed  to  support  part  of  the  tailpipe 
weight  by  the  diverter  valve,  but  excludes  diverter  loads  from  being 
transmitted  into  the  relatively  thin  unstiffened  walls  of  the  tailpipe. 

The  tailpipe  rear  support  consists  of  three  struts,  two  verti¬ 
cal  and  one  horizontal.  This  support  reacts  side  load  and  vertical  load, 
but  does  not  resist  fore-aft  loads,  and  therefore  permits  tailpipe  expan¬ 
sion.  The  links  of  the  aft  support  are  adjustable  to  permit  tailpipe 
alignment. 

9.  2.  6  Nacelle  Structure 


The  front  and  rear  spars  of  the  nacelle  pylons  extend  as  full 
circular  frames  around  the  diverter  and  tailpipe.  The  depths  of  these 
frames  are  such  that  they  may  be  easily  modified  in  the  future  to  pro¬ 
vide  structure  for  an  outer  wing  panel.  In  order  to  provide  fire  resist¬ 
ance  to  basic  structure,  the  caps  and  stiffeners  of  these  main  frames 
will  be  stainless  steel.  The  webs  will  be  either  titanium  or  stainless 
steel.  The  latter  will  permit  spotwelding  to  the  caps  and  stiffeners  and 
is  therefore  preferred.  The  thin  web  does  not  involve  a  large  weight 
increment,  and  stainless  steel  maintains  structural  integrity  in  case  of 
fire. 


The  nacelle  skin  surrounding  the  diverter  valve  between  the 
main  frames  is  titanium  with  stiffener  rings  of  the  same  material.  The 
longerons  are  stainless  steel.  The  diverter  access  door  is  aluminum 
alloy  skin  with  titanium  stiffeners. 

Aft  of  the  rear  main  frame,  the  nacelle  skin  and  stiffeners 
are  aluminum  alloy  except  for  a  short  section  adjacent  to  the  tailpipe 
cooling  air  ejector.  This  section  is  titanium.  The  ejector  is  fabricated 
from  stainless  steel. 

The  upper  120-degree  segment  of  the  nacelle,  forward  of 
the  front  main  nacelle  frame,  constitutes  the  primary  engine  support 
structure,  it  is  cantilevered  from  the  main  frames.  The  continuous 
longerons  on  each  side  of  the  section  are  stainless  steel  as  are  the 
frames  at  the  engine  support  fittings.  The  skin  and  frames  forward  of 
the  sealed  stainless  steel  firewall  are  aluminum  alloy,  except  as  pre¬ 
viously  stated.  A  stainless  steel  stringer  is  used  on  the  top  centerline 
between  the  firewall  frame  and  the  front  engine  mount  frame.  Aft  of 
the  firewall,  the  skins  and  frame  are  titanium. 

Access  panel  support  longerons,  near  the  nacelle  horizontal 
centerline,  are  continuous  from  a  disconnect  fitting  on  the  engine  inlet 
nose  piece  to  the  front  main  nacelle  ring  at  the  pylon  spar  station. 
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These  longerons  carry  the  hinge  for  the  engine  removal  doors  and  help 
support  air  loads.  The  access  panels  between  the  upper  nacelle  seg¬ 
ment  and  the  access  panel  support  longeron  assist  the  upper  segment  in 
carrying  nacelle  torsion  loads  from  engine  mount  reactions.  The  for¬ 
ward  access  panel  is  aluminum  alloy  and  the  aft  panel  is  titanium.  The 
access  panel  support  longerons  are  titanium. 

The  use  of  the  materials  outlined  above  is  considered  to 
provide  sufficient  support  to  carry  the  weight  of  a  nonoperating  engine 
in  event  that  fire  should  damage  or  burn  away  portions  of  the  aluminum 
alloy  structure. 

Hinged  engine  removal  and  access  panels  on  the  lower  por¬ 
tion  of  the  engine  nacelle  are  latched  and  doweled  with  shear  pins  at 
the  bottom  split  line.  The  upper  ends  of  the  forward,  rear,  and  inter¬ 
mediate  main  frames  of  hinged  access  panel  engage  pins,  anchored  to 
the  upper  structure  frame  stations,  to  take  radial  loads.  The  hinged 
access  panels,  skins,  frames,  and  stiffeners  are  aluminum  alloy 
material. 


Access  panels  between  the  fixed  nose  piece  and  the  hinged 
doors  on  the  lower  half  of  the  nacelle  and  between  the  nose  piece  and 
the  forward  structural  frame  on  the  upper  half  of  the  nacelle  are  alumi¬ 
num  alloy.  They  are  attached  by  quick-acting  fasteners  spaced  at  rela¬ 
tively  close  intervals  around  the  periphery  of  the  nose  piece  to  preclude 
any  tendency  of  the  panels  to  "lift"  from  air  loads.  The  panels  incor¬ 
porate  stiffener  rings  immediately  aft  of  this  joint  for  the  same  reason. 
Fasteners  at  the  aft  end  of  the  panels  incorporate  floating  action  in 
tangential  directions  to  provide  relief  of  nacelle  deflections  relative  to 
the  engine  inlet  attachment  to  which  the  nose  piece  is  clamped. 

The  nose  fairing  and  engine  inlet  duct  are  fabricated  as  a 
unit  of  aluminum  alloy.  Air  loads  in  the  axial  direction  are  transmitted 
basically  to  the  engine  inlet  flange  with  some  assistance  provided  by 
the  access  panel  support  longerons  on  the  horizontal  center  line. 

The  nose  fairing  shape  will  be  designed  to  provide  efficient 
engine  inlet  pressure  recovery  in  both  hovering  and  forward  flight  as 
well  as  good  aerodynamic  external  contours  for  forward  flight  at  the 
higher  speeds. 

9.  2.  7  Nacelle  Compartment  Cooling 

Cooling  of  the  engine  accessory  compartment  forward  of  the 
fire  wall,  the  engine  hot  section  zone,  the  diverter  valve  zone,  and  the 
tailpipe  compartment  are  related  to  fire  prevention  considerations. 
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The  air  inlets  and  outlets  must  be  strategically  located  for  cooling  air 
circulation.  In  addition,  these  openings  should  be  located  to  minimize 
potential  hazards  in  the  event  of  fuel  or  oil  line  failures  in  the  accessory 
compartments. 

The  preliminary  arrangement  for  accessory  compartment 
cooling  calls  for  a  series  of  louvres  around  the  periphery  of  the  nacelle 
immediately  forward  of  the  firewall.  A  gap  in  the  series  is  provided 
just  above  the  horizontal  centerline  to  clear  flush  ram  scoop-type  inlets 
for  the  engine  hot  section  compartment  air  inlet. 

For  the  present,  no  other  air  openings  are  proposed  for  the 
accessory  compartment.  If  tests  show  that  additional  inlets  are  needed 
in  the  forward  areas,  they  will  be  located  after  a  "tuft"  study  of  the 
engine  inlet  flow  field  to  prevent  entry  of  inflammable  fluids  into  the 
engine  compressor  in  the  event  of  a  line  failure. 

Location  of  the  engine  hot  section  cooling  air  inlets  near 
the  horizontal  center  line  just  aft  of  the  firewall  appears  to  be  a  reason¬ 
able  compromise  between  air  circulation  needs  and  minimization  of 
inflammable  fuel  entry  possibility. 

The  diverter  valve  is  covered  with  an  insulation  blanket. 

This  is  required  by  the  manufacturer  to  suppress  temperature  gradients 
of  the  structural  portions  of  the  diverter  valve  assembly.  Because  of 
the  heat  insulating  effect  of  the  diverter  blanket,  the  preliminary  design 
does  not  incorporate  air  openings  in  the  nacelle  surrounding  the 
diverter. 


Three  sets  of  louvres,  spaced  120-degrees  apart,  are  pro¬ 
posed  in  the  tailpipe  area  just  aft  of  the  rear  main  nacelle  frame. 

When  the  tailpipe  is  exhausting  the  engine  gases  during  ground  run,  an 
ejector  at  the  outlet  draws  air  through  these  louvres  and  the  engine  hot 
section  air  inlets  forward.  During  forward  flight,  ram  air  supplements 
the  ejector  action. 

Air  circulation  over  the  engine  hot  section  during  hover  con¬ 
ditions  is  provided  by  an  engine  exhaust  gas  powered  ejector  which 
draws  air  through  this  compartment.  This  ejector  operates  only  when 
the  engine  gases  are  diverted  to  the  rotor  ducts.  Automatic  switchover 
to  the  tailpipe  ejector  system  occurs  when  the  gas  is  diverted  aft.  The 
hot  section  ejector  is  located  in  the  lateral  pylon  as  close  to  the  nacelle 
as  possible.  Its  application  is  tentative  pending  ground  rig  test  of  cir¬ 
culation  characteristics  of  air  through  other  openings  such  as  at  the 
tailpipe  outlet,  and  trial  louvres.  If  the  ejector  is  used,  it  is  antici¬ 
pated  that  an  air  baffle  may  become  necessary  to  block  reverse  flow 
through  the  tailpipe  ejector.  Simple  flapper  check  valves  would  have  to 
be  incorporated  in  the  baffle  to  permit  air  flow  through  the  tailpipe 
ejector  in  one  direction. 
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If  added  cooling  should  be  required  for  the  engine  accessory 
compartment,  an  auxiliary  ejector  operated  by  engine  compressor 
bleed  is  proposed.  The  compressor  air  should  be  cooled  by  expansion 
to  a  temperature  not  hazardous  in  the  event  of  inflammable  fluid  line 
failures.  The  ejector  would  be  exhausted  overboard  to  prevent  entry  of 
such  fluid  into  the  engine  hot  section. 

9.  2.  8  Oil  Tank  and  Cooling  System 

A  schematic  drawing  of  the  engine  nil  pooling  system  is 
shown  in  Figure  22.  An  aluminum  alloy  oil  tank  is  supported  on  the 
nose  assembly.  Air  separation  from  the  oil  is  achieved  by  baffling  and 
impinging  the  mixture  on  the  outer  concave  surface  of  the  tank  wall. 
Centrifugal  action  forces  the  heavy  oil  against  the  wall  to  release  the 
air.  A  pressurizing  valve  with  a  fixed  orifice  bleed  is  used  to  suppress 
foaming.  Normally,  this  valve  is  set  at  4  psi  to  maintain  engine  oil 
pump  inlet  pressures  at  5  psi  minimum  absolute  for  high-altitude  opera¬ 
tion.  Since  the  research  aircraft  ceiling  is  approximately  20,  000  feet, 
the  fundamental  purpose  of  the  pressurizing  valve  will  be  to  suppress 
foaming  tendencies  and  limit  the  vent  outlet  orifice  automatically  for 
all  conditions.  The  gross  oil  tank  volume  of  5  gallons  provides  for  40 
percent  airspace  above  a  3-gallon  filling  level.  The  large  air  space 
assists  in  deaeration  and  prevention  of  discharge  of  oil  overboard. 

Ground  tests  will  be  conducted  to  demonstrate  compliance 
with  the  engine  manufacturer's  maximum  permissible  aeration  of  10 
percent  by  volume. 

Separate  vent  connections  are  utilized  for  the  tank  vent  and 
the  engine  sump  vents  to  minimize  overboard  discharge  of  oil  vapors 
from  the  engine  sumps. 

The  oil  tank  sump  is  provided  with  an  opening  large  enough 
to  permit  hand  access  for  cleaning. 

A  standard  oil  filler  cap  and  a  10-mesh  filler  screen  are 
provided  on  the  tank  filler  neck.  An  oil  quantity  stick  gauge  is  also 
provided. 


Oil  cooling  is  accomplished  by  means  of  an  engine  fuel  to 
oil  cooler.  The  cooling  unit  plumbing  arrangement  is  to  be  either  sup¬ 
plied  or  recommended  by  the  engine  manufacturer. 

9.  2.  9  Engine  Starting 

Air  impingement  starting  is  utilized.  The  ground  connection 
will  be  a  standard  ground  air  start  coupling,  accessible  through  a  door 
on  the  under  side  of  each  nacelle.  C.rossmanifolding  is  not  presently 
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Figure  22.  Engine  and  Rotor  Lubrication  Systems  -  Schematic. 
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contemplated  but  may  be  incorporated  at  a  later  date  so  that  compres¬ 
sor  bleed  air  from  one  engine  may  be  used  to  start  the  opposite  engine. 

9.2.10  Engine  Accessories 

Basic  accessories  mounted  on  the  engine  are: 

a.  Hydraulic  Pump 

b.  Gas  Generator  Tachometer 

c.  Rotor  Speed  Servo  Motor 

d.  DC  Generator. 

9.2.11  Plumbing 

A  sealed  tunnel  running  from  the  firewall  to  the  forward 
main  nacelle  frame  at  the  front  spar  is  proposed  to  separate  fuel,  hy¬ 
draulic,  fire  extinguisher,  and  other  plumbing  from  the  hot  section  of 
the  engine.  The  engine  control  cables  are  also  routed  through  this 
tunnel. 


In  addition  to  the  engine -equipped  fuel  manifold  and  combus¬ 
tion  chamber  pressure-closed  drain  valve,  two  similar  types  of  valves 
are  installed  at  the  low  point  of  the  diverter  adapter  ducts.  Their  pur¬ 
pose  is  to  permit  drainage  of  raw  fuel  from  these  low  points  in  case  of 
false  starts.  A  fixed  orifice  drain  tube  is  provided  at  the  tailpipe  nozzle 
for  the  same  purpose. 

9.2.12  Engine,  Diverter  Valve,  and  Tailpipe  Removal 

Engine  removal  is  accomplished  through  the  hinged  lower 
access  panels.  The  separate  access  panels  forward  of  the  hinged  doors 
may  be  stored  on  the  hinged  panels  by  the  rear  fasteners  of  the  panels. 
The  engine  is  lowered  after  detachment  either  on  an  engine  dolly  or  by 
means  of  a  cable  winch  from  above.  A  cable  attachment  access  hole 
will  be  provided  in  the  top  of  the  nacelle.  The  nose  piece  with  the  at¬ 
tached  oil  tank  is  removed  with  the  engine. 

Quick-detachable,  V-band  clamps  are  used  to  attach  the  air 
inlet  duct  and  the  diverter  adapter  section  to  the  engine  exhaust  flange. 

A  bolted  fitting  is  provided  where  the  nose  piece  attaches  to  the  access 
panel  support  longerons.  This  fitting  will  be  designed  to  permit  the 
nose  piece  to  clear  the  longeron  when  installing  or  removing  the  engine. 
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The  diverter  valve  and  the  tailpipe  are  removed  through  the 
large  access  door  incorporated  in  the  outboard  lower  portion  of  the 
nacelle  between  the  main  frames.  This  access  door  is  stressed  in  flight 
and  is  attached  with  quick-removal  screws  of  the  multiple -thread,  high- 
lead  type  (or  similar  type). 

Flexible  seals  at  the  diverter  ends  are  of  a  quick-detachable 
design.  The  tailpipe  is  moved  aft  through  the  main  rear  frame  inner 
diameter  enough  to  clear  the  diverter  by  disconnecting  the  tailpipe  sup¬ 
ports.  The  diverter  is  disconnected  from  the  yoke  and  auxiliary  struts 
by  removal  of  trunnion  spindle  retention  bolts  and  lowered  from  the 
nacelle. 

9 .  2 .  13  Fire  Detection  and  Extinguishing  System 

The  fire  detection  and  overheat  system  is  shown  schemati¬ 
cally  in  Figure  23  and  is  a  continuous -element,  repeatable-type,  operat¬ 
ing  through  transistorized  control  boxes.  The  accessory  compartment 
system  forward  of  the  firewall  forms  one  system  loop  while  the  engine 
hot  section  including  the  diverter  valve  and  tailpipe  forms  another  loop. 
Each  loop  is  a  continuous  nonredundant  circuit  to  permit  a  full  continuity 
ground  check. 

The  accessory  compartment  forward  of  the  firewall  is 
treated  separately  because  it  is  fundamentally  a  different  type  of  zone, 
carrying  inflammable  fluids  and  a  more  likely  source  of  potential  fire. 
The  hot  section  is  more  likely  to  be  the  source  of  overheat  indication 
from  failed  hot  gas  joints  or  diverter  valve  failure.  Separation  of  the 
systems  gives  the  pilot  a  clue  as  to  the  type  of  emergency.  Also  the 
location  of  a  faulty  sensing  element  is  made  less  difficult  during  con¬ 
tinuity  checks.  The  proposed  detection  system  gives  detailed  considera¬ 
tion  to  overheat  detection  in  the  area  of  the  diverter  attachments. 

Control  boxes  are  available  which  differentiate  between  fire 
warning  and  overheat.  The  separate  loops  of  the  system  detect  both 
through  separate  warning  lights.  Fire  detection  in  the  tailpipe  area  was 
not  considered  mandatory,  but  the  warning  system  is  simpler  with  than 
it  is  without  such  indication.  Separate  control  boxes  are  used  for  each 
loop  since  these  units  are  readily  available,  whereas  dual  units  are 
special. 


The  fire  extinguishing  system  selected  for  this  application 
is  a  single-shot,  double-capacity  CF3Br  system,  discharging  into  the 
engine  accessory  compartment,  the  engine  hot  section,  and  the  diverter 
valve  zones  simultaneously.  Distribution  of  the  agent  is  through  tubing 
perforated  with  0.  049  inch  minimum  diameter  holes.  The  double  quan¬ 
tity  is  discharged  proportionately  into  the  zones  in  less  than  4  seconds. 
This  is  at  the  same  rate  per  pound  of  agent  as  required  for  a  basic 
quantity  of  agent,  i.  e.  ,  less  than  2  seconds. 
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A  high-rate  discharge  system  (H.  R.  D.  )  was  not  used  because 
of  the  extensive  testing  and  de/elopment  involved  in  obtaining  the  precise 
distribution  and  concentrations  required  by  this  type  of  system  under  all 
flight  conditions.  For  an  experimental  aircraft  of  the  type  involved,  the 
possible  cost  and  time  delays  of  such  a  system  were  considered  not 
warranted. 


The  zone  characteristics  used  to  establish  the  quantity  of 
agent  required  are  as  follows: 


Zone  Designation 

Net  Volume 
(cu.  ft.  ) 

As  sumed  Max. 
Cool  .ng  Air  Flow 
(Fwd.  Flight) 
(lb/  sec) 

"A" 

(engine  access,  compt.  ) 
fwd.  of  F.  W. 

15.  5 

0.  25 

"B" 

(from  F.  W.  to  rear  main 
nacelle  frame  and  to 
stub  wing  barrier) 

26 

0.  4 

The  basic  quantity  of  agent  required  was  determined  by  use 
of  the  formula  from  Spec.  MIL-E- 5272(USAF) 


Agent  Quantity  (LBS)  =  (0.  56  W  +0.  16  V) 

a 

Wa  =  Air  flow  through  zone,  pounds  per  second 
V  =  Net  volume  of  zone,  cubic  feet 

This  quantity  was  then  doubled  to  compromise  between  the 
quantity  required  for  production  aircraft  and  that  required  by  the  USAF 
for  experimental  aircraft. 

The  proposed  system  will  permit  basic  bottle  charge  pres¬ 
sures,  and  line  and  orifice  sizes  while  sustaining  the  basic  rate  and  con¬ 
centration  for  twice  the  basic  length  of  time.  This  should  give  added 
insurance  that  zone  shape  and  air  flow  path  irregularities  will  be  ade¬ 
quately  handled  and  will  also  provide  margin  for  increase  in  cooling  air 
flow  as  the  result  of  testing. 

The  zone  surrounding  the  tailpipe  was  not  included  in  deter¬ 
mining  the  amount  of  agent  required  since  it  is  not  considered  subject 
to  hazardous  quantities  of  inflammable  fluids.  A  portion  of  the  agent 
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from  the  diverter  and  engine  hot  section  zones  will  flow  through  this 
zone  when  the  agent  is  discharged. 

The  total  quantity  of  agent  is  established  at  14  pounds.  It  is 
carried  in  a  single  container  located  on  the  centerline  of  the  aircraft. 

The  container  is  equipped  with  two  electrically  activated,  dual  squib 
operated,  frangible  disc -type  outlet  fittings,  one  for  each  engine  system, 
and  a  thermal  relief  plug.  The  resulting  system  is  simple  in  action  and 
has  a  minimum  number  of  components.  Switches  in  the  pilot  compart¬ 
ment  simply  select  one  engine  or  the  other  to  receive  the  entire  charge. 
All  fire  extinguishing  lines  in  the  nacelles  are  0.  028-inch  wall  stainless 
steel.  The  lines  in  the  nacelle  pylon  and  fuselage  outside  potential  fire 
damage  areas  are  0.  035-inch  wall  aluminum  alloy.  Steel  fittings  are 
used  in  and  adjacent  to  the  nacelles  and  aluminum  alloy  in  the  fuselage 
and  pylon. 


Fire  detection  elements  and  fire  extinguishing  lines  were  not 
routed  in  the  lower  portion  of  the  nacelle  to  avoid  attaching  such  equip¬ 
ment  to  the  engine.  Attachment  of  these  elements  to  the  hinged  doors 
and  access  panels  was  held  to  be  undesirable.  The  fire  detector  element 
is,  however,  routed  in  a  complete  circle  around  the  firewall  station  pe¬ 
riphery.  Special  attention  is  given  to  the  upper  portion  of  the  oil  tank 
above  the  oil  level  in  respect  to  both  detection  and  fire  extinguishing. 

Fire  in  the  lower  portion  of  the  nacelle  should  be  quickly  detected  by  the 
elements  on  the  lower  side  of  the  access  panel  longerons  or  on  the  fire¬ 
wall  near  the  cooling  louvres.  The  fire  extinguishing  lines  routed  on 
the  lower  side  of  the  same  longerons  discharge  agent  towards  the  bottom 
of  the  nacelle. 

9.  2.  14  Fuel  System 


The  fuel  system  is  shown  on  Figures  14  and  24.  It  is  of  typ¬ 
ical  aircraft  design  outlined  in  HIAD  Vol.  I,  Part  D.  Two  fuel  tanks, 
one  260  gallon  and  one  240  gallon,  are  individually  serviced  with  the 
filler  openings  in  the  fuselage.  Under  normal  operation,  each  engine  re¬ 
ceives  fuel  from  its  own  tank.  However,  for  emergency  operation,  fuel 
is  available  to  both  engines  from  either  tank.  Fuel  is  supplied  to  the 
engines  through  3/ 4-inch  diameter  lines.  Included  in  the  system  are  the 
required  standard  valves,  strainers,  vents,  drains,  and  pumps. 

9.2.15  Rotor  Driven  Accessory  Gear  Box 

A  small  rotor-driven  accessory  gear  box  will  be  required  to 
drive  the  following  items: 

a.  Hydraulic  pump  to  actuate  the  flight  controls;  approxi¬ 
mately  15  horsepower. 
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Figure  24.  Fuel  System  -  Schematic  Diagram. 
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b.  Hydraulic  pressure  pump  to  lubricate  the  rotor  hub  bear¬ 
ings;  approximately  1  horsepower. 

c.  Hydraulic  scavenge  pump  on  return  line  from  hub  bear¬ 
ings;  approximately  1  horsepower. 

d.  Rotor  speed  tachometer. 

e.  Hydraulic  pump  used  to  provide  rotor  speed  signal 
(equivalent  power  turbine  speed  signal)  to  T64  gas  generator  fuel  control. 

As  shown  on  Figure  14  this  small  gear  box  will  be  located  at 
the  lower  end  of  the  mast  and  will  be  driven  by  a  gear  fastened  directly 
on  the  mast.  The  gear  box  will  include  the  rotor  thrust  bearings  and  the 
five  power  take-off  pads  noted  above.  All  components  will  be  lubricated 
by  an  integral  circulating  oil  system. 

9.  2.  16  Tip  Cascade  Valve 


In  case  of  failure  of  one  engine,  the  rotor  blade  tip  nozzle 
area  would  have  twice  the  area  required  to  keep  one  engine  on  its  proper 
operating  line.  The  power  output  with  such  a  large  nozzle  area  would  be 
less  than  half  that  which  would  be  available  if  the  tip  nozzle  area  were 
closed  down  to  the  proper  value.  A  design  of  a  two-position  nozzle  sys¬ 
tem,  called  the  tip  cascade  valve,  is  given  in  Figure  25.  This  valve 
system  consists  of  two  properly  placed  rotating  doors,  which  are  nor¬ 
mally  in  line  with  the  gas  flow,  and  offers  minimum  restriction  when 
both  engines  are  operating.  When  an  engine  failure  is  indicated,  the 
two  doors  are  automatically  rotated  by  means  of  cables,  bell  cranks, 
gear  sectors,  and  connecting  links  to  a  deflected  position  which  will 
block  off  approximately  50  percent  of  the  nozzle  area  associated  with 
the  fore  and  aft  ducts  of  each  rotor  blade.  Adequate  seals  are  built  into 
the  periphery  of  the  movable  doors  to  prevent  gas  leaks  in  the  closed 
position. 


This  design  and  operation  of  the  tip  cascade  valve  is  dis¬ 
cussed  more  fully  in  Reference  24.  Detail  drawings  of  the  components 
of  the  valve  system  shown  in  Figure  25  are  given  here  in  Figures  26, 
27,  28,  29  and  30  for  information  only. 

9.  3  AIRFRAME 


The -general  configuration  of  the  airframe  of  the  research 
vehicle  is  shown  in  Figure  14.  This  drawing  shows  the  frame,  stringer, 
and  skin  construction  at  several  typical  sections  along  the  fuselage.  A 
more  complete  discussion  of  the  type  of  construction  chosen  and  a  brief 
analysis  of  basic  loads  is  given  in  Section  7.  However,  sufficient  detail 
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is  included  on  Figure  14  to  show  that  the  fuselage  structure  is  conven¬ 
tional.  The  frame  spacing,  stringer  spacing,  and  floor  location,  for 
instance,  all  represent  standard  practice  which  further  analysis  will 
substantiate. 

9.4  FLIGHT  CONTROLS 


The  flight  controls  of  the  research  aircraft  are  designed  to 
permit  flight  both  as  a  helicopter  and  later  as  a  high-speed  autogyro. 
The  helicopter  type  of  longitudinal,  lateral,  and  collective  pitch  control 
is  conventional,  but  the  yaw  control  is  obtained  with  reaction  jets  sup¬ 
plied  by  gas  bled  from  the  engines.  The  autogyro  control  involves  an 
additional  coordinated  motion  of  the  vee-tail  in  the  "elevator"  regime  of 
the  conventional  horizontal  tail  and  this  feature  will  be  utilized  toward 
the  end  of  the  test  program. 

9.  4.  1  Helicopter  Flight 

The  flight  control  system  is  shown  in  Figures  31  and  32. 
Figure  31  shows  the  control  system  from  the  cockpit  to  the  swashplate, 
including  HO-6  helicopter  control  sticks  in  the  cockpit,  HO-6  mixer 
assembly,  push  rods,  and  bell  cranks  to  the  lower  stationary  swash- 
plate.  Figure  32  shows  the  rotor  controls  from  the  swashplate  to  the 
rotor  blades.  Figure  31  also  shows  the  push  rod  and  cable  system  that 
operates  the  jet  yaw  control  in  hovering  and  helicopter  flight,  and  the 
interconnection  to  the  vee-tail  to  cause  it  to  function  as  a  rudder  when¬ 
ever  the  rudder  pedals  are  operated.  The  pedals  are  always  connected 
to  the  vee-tail  so  it  will  always  be  operated  with  the  pedals,  even  in 
hovering  when  it  is  ineffective. 

9.  4.  2  Jet  Yaw  Control 


As  shown  in  Figures  33  and  34,  engine  gases  are  bled  from 
the  rotor  supply  ducts  in  hovering  and  forward  flight  as  a  helicopter 
through  suitable  ducting  to  two  variable  area  nozzles  in  the  aft  portion 
of  the  fuselage.  The  nozzle  exit  opening  for  each  valve  is  controlled  by 
a  pressure-balanced  flapper-type  valve.  The  nozzles  direct  gases  to 
the  left  or  right  to  produce  the  desired  yawing  moment  in  helicopter 
flight.  The  valves  are  attached  by  cables  to  the  directional  control 
pedals  in  the  cockpit  and  are  closed  in  the  neutral  position.  Since  the 
gas  pressure  tends  to  open  the  basic  valve,  the  balance  chamber  is 
sized  to  overcome  this  tendency,  and,  also  to  provide  an  adequate  rud¬ 
der  pedal  force  gradient. 

The  variation  of  nozzle  area  is  obtained  by  progressively 
exposing  or  closing  some  of  the  five  equal  area  exits  in  each  nozzle. 
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Figure  27.  Cascade  Valve  -  Forward  Duct. 
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The  gases  bled  from  the  rotor  supply  ducts  pass  to  the  noz¬ 
zles  through  Rene'  41  ducting,  which  is  insulated  to  protect  the  surround¬ 
ing  structure.  Suitable  bellows  are  installed  in  this  ducting  to  allow  for 
thermal  expansion. 

9.  4.  3  Autogyro  Flight 


For  autogyro  flight  the  rotor  controls  operate  in  the  same 
manner  as  in  helicopter  flight,  with  the  controls  shown  in  Figures  31 
and  32.  However,  the  diverter  valves  will  be  in  the  through-flow  posi¬ 
tion  to  send  gases  through  the  tail  pipe  and  rearward  facing  nozzles  to 
obtain  forward  thrust  from  autogyro  flight.  With  the  diverter  valves  in 
this  position,  no  gases  are  available  to  the  yaw  control  jets  which  tap 
off  gases  from  the  rotor  supply  ducts.  Consequently,  the  jet  yaw  con¬ 
trols  will  not  be  effective.  Nevertheless,  the  directional  pedals  will 
cause  the  movable  portions  of  the  vee-tail  to  function  as  a  rudder,  in 
the  same  fashion  they  operated  in  helicopter  flight.  In  the  autogyro 
regime,  the  rudder  action  will  be  the  primary  yaw  control,  instead  of 
acting  as  an  auxiliary  to  the  jets  as  in  helicopter  flight. 

In  the  initial  flight  test  of  the  research  aircraft,  longitudinal 
control  in  autogyro  flight  will  be  obtained  with  longitudinal  cyclic  control 
only.  After  the  initial  flights,  and  to  secure  additional  longitudinal  con¬ 
trol  power,  the  vee-tail  will  be  interconnected  to  the  stick  to  produce 
elevator -type  motion  which  will  aid  in  obtaining  control  in  high-speed 
flight.  A  simple  mixing  linkage  will  be  added  to  the  vee-tail  control 
system  to  permit  elevator  operation  of  the  vee-tail. 

9.  5  LANDING  GEAR 


The  landing  gear  for  the  research  aircraft  is  the  two  main 
wheel -tail -wheel-type  and  is -shown  in  Figures  5  and  14,  The  landing 
gear  is  essentially  the  same  as  that  for  the  H-34  helicopter  and  has  been 
in  service  use  for  several  years.  The  basic  geometry  of  the  landing 
gear  and  its  structural  capability  were  obtained  from  Sikorsky  Aircraft 
in  References  25,  26,  and  27.  An  examination  of  the  strength  of  this 
landing  gear  when  fitted  to  the  hot  cycle  research  aircraft  is  reported 
in  Section  7.  2.  3  and  it  is  seen  to  be  adequate  for  the  gross  weights  in¬ 
volved  in  test  of  the  research  aircraft. 

9.  6  HYDRAULIC  SYSTEM 


A  schematic  drawing  of  the  hydraulic  system  is  shown  in 
Figure  35.  Control  system  pressure  of  3,  000  psi  is  supplied  by  three 
Vickers  variable  displacement  pumps,  two  of  them  engine  driven  and 
one  rotor  driven.  The  hydraulic  pumps  will  feed  three  servo  controlled 
actuators.  Each  actuator  is  of  a  tandem  piston  design  which,  when 
coupled  to  a  relief  valve,  will  allow  the  3,  000  psi  system  pressure  to 
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be  reduced  to  1,  500  psi  acting  on  each  piston.  In  the  event  of  one  en¬ 
gine  shutdown  or  failure  while  flying,  a  pressure  sensing  valve  will 
close  the  relief  valve  to  the  engine  system  still  operating  and  build  up 
the  pressure  to  the  normal  3,  000  psi.  Thus,  the  actuator  will  still  be 
capable  of  delivering  the  full  required  load  stroke  performance. 

At  the  same  time,  the  inoperable  system,  again  using  a 
pressure  sensing  valve,  will  open  full  flow  from  one  side  of  the  piston 
to  another  and  reduce  internal  drag. 

In  the  event  of  a  double-engine  failure  in  flight,  the  rotor 
driven  pump  will  feed  3,  000  psi  to  a  single  system  in  the  same  manner 
as  for  a  single  engine  failure,  thus  allowing  the  pilot  full  blade  control 
during  autorotation. 

9.7  ELECTRICAL  SYSTEM 


The  electrical  system  for  the  research  aircraft  will  be  con¬ 
ventional  throughout.  The  generating  equipment  will  consist  of  two  28- 
volt  dc  generators  of  100-ampere  capacity  with  a  standard  voltage  regu¬ 
lator,  reverse  current,  and  paralleling  components.  A  standard  lead- 
acid  battery  will  be  used  to  supply  the  essential  electrical  load  when 
the  engines  are  not  running  or  electric  power  is  not  otherwise  being 
supplied  to  the  aircraft.  Standard  provisions  for  external  power  will 
also  be  available. 

The  power  utilization  equipment  to  operate  the  vehicle  will 
be  minimum  and  will  consist  of  standard  instruments,  lights,  solenoids 
and  actuators,  and  a  radio. 

Additional  power  utilization  equipment  will  consist  of  the 
flight  test  instrumentation  equipment,  which  will  include  oscillographs, 
temperature  recorders,  and  photo  panel  equipment. 

9.  8  FLIGHT  INSTRUMENTS 


The  cockpit  in  the  HO- 6  helicopter  (which  is  the  cockpit 
that  will  be  used  on  the  research  aircraft)  is  sufficiently  narrow  for  a 
single  centrally  located  instrument  panel  to  be  provided  for  the  pilot 
and  co-pilot.  It  is  felt  that  this  same  single  instrument  panel  arrange¬ 
ment  will  be  satisfactory  for  the  research  aircraft  with  the  addition  of 
dual  indicating  engine  instruments,  i.  e.  ,  with  two  needles  marked 
"left"  and  "right.  "  * 

The  proposed  flight  instrumentation  is  as  follows: 

Altimeter 

Airspeed  Indicator 
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Figure  35.  Hot  Cycle  Hydraulic  Control  System  -  Schematic. 
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Rotor  Tachometer 
Magnetic  Compass 
Rate  of  Climb  Indicator 
Turn  and  Bank  Indicator 
Directional  Gyro 
Outside  Air  Temperature 
Fuel  Quantity 
Ammeter 

Percent  Nj  Engine  Tachometer  (dual) 

Exhaust  Gas  Temperature  Indicator  (dual) 

Fuel  Pressure  (dual) 

Engine  Oil  Pressure  (dual) 

Engine  Oil  Temperature  (dual) 

Anti -Icing  Indicator  (dual) 

Clock 

9.  9  FLIGHT  TEST  INSTRUMENTATION 

9.9.1  Introduction 

This  section  of  the  report  contains  a  discussion  of  the  test 
instrumentation  to  be  used  in  the  flights  to  be  performed  on  the  hot  cycle 
research  aircraft. 

9. 9. 2  Purpose 

The  tests  will  be  performed  to  obtain  flight  stress  distribu¬ 
tion  data;  blade,  ducting,  and  structure  flight  temperature  distribution 
data;  and  flight  performance  data. 

9.  9.  3  Discussion 


Instrumentation  has  been  and  will  be  planned  to  accomplish 
all  measurements  and  data -gathering  tasks  required  in  the  most  simple, 
least  complex  manner  compatible  with  the  results  required.  Instrumen¬ 
tation  will  center  around  three  major  data -gathering  types  of  equipment: 
recording  oscillographs,  a  temperature  recorder,  and  an  instrument 
photo  panel. 

9.  9.  3.  1  Recording  Oscillographic  Equipment.  The  oscillographic 
equipment  will  consist  of  one  5u-channei  oscillograph  and  two  18-channel 
oscillographs  used  individually  or  in  combination,  as  required  by  the 
data  channel  needs  for  the  specific  tests  being  performed.  Galvanometers 
with  appropriate  frequency  response  and  sensitivities  will  be  used  as 
each  data  channel  requires  and  will  be  changed  as  required  to  accommo¬ 
date  changing  test  result  needs.  Bridge  balancing  and  calibrating  equip¬ 
ment  will  be  used,  as  well  as  remote  controls.  Data  will  be  measured 
and  recorded  as  follows: 
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a.  Stress  Distribution  Data  will  be  obtained  by  use  of  a 
standard  dc-excited  strain  gage  bridge  system  feeding  directly  through 
bridge  balancing  and  calibrating  equipment  to  galvanometers  in  standard 
recording  oscillographs. 

b.  Engine  Operation  Data  will  be  obtained  by  use  of  fuel 
flow  tranducers,  rpm  tachometer  generators,  and  pressure  and  temper¬ 
ature  tranducers  feeding  directly  into  galvanometers  in  the  oscillograph. 

c.  Flight  Operation  Data  will  be  obtained  by  the  use  of  yaw, 
turn  and  attitude  rate  gyros  with  high  resolution  potentiometer  pick  offs; 
airspeed  and  altimeter  pressure  transducers  with  high- resolution  poten¬ 
tiometer  pick  offs;  and  spring-return,  high-resolution  potentiometers 
directly  coupled  for  position  indications  of  controls  and  other  moveable 
items.  All  of  these  potentiometers  will  be  part  of  a  bridge  system  with 
the  unbalanced  output  providing  dc  driving  signals  to  galvanometers  in 
the  recording  oscillographs. 

9.  9.  3.  2  Temperature  Recorder  -  Multipoint 


a.  Temperatures  to  be  recorded  will  include  exhaust  gas 

and  duct  air,  cooling  duct  air,  blade  segments,  spars,  couplings, 
feathering  ball,  ribs,  skin,  shafts,  hubs,  etc.  . 

b.  Temperatures  will  be  sensed  by  thermocouples.  Outputs 
will  feed  through  three  48-point  switch  boxes  and  a  temperature  junction 
box  to  a  multipoint  recorder  to  provide  recording  of  144  temperature 
measurements. 

9.  9.  3.  3  Photo  Panel 


A  35-mm  movie  camera  with  a  wide-angle  lens  will  be 
mounted  in  front  of  a  special  instrument  panel  containing  selected  flight 
and  engine  instruments.  The  camera  and  panel  will  be  hooded  to  pre¬ 
vent  stray  light  entry.  The  camera  will  be  fix-focused  on  the  panel  and 
will  be  provided  with  a  remote  control.  The  camera  will  be  operated 
during  test  flights  by  the  pilot  or  test  engineer.  It  will  be  coordinated 
with  the  recording  equipment  for  identification  of  flight  and  operating 
condition  by  the  counter  and  clock.  The  chief  use  of  the  photo  panel 
records  will  be  to  provide  corollary  information  in  the  event  of  some 
unusual  occurrence  or  malfunction  during  flight.  The  film  will  be 
developed  only  when  such  conditions  occur  in  order  to  make  more  de¬ 
tailed  corroborative  analysis.  Data  to  be  recorded  by  the  photopanel 
system  will  include: 


Altitude 
Airspeed 
Rate  of  climb 
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Engine  and  rotor  rpm 

Exhaust  gas  temperature 

Engine  oil  temperature  and  pressure 

Rotor  oil  temperature  and  pressure 

Fuel  flow 

Such  other  indications  as  may  be  deemed  desirable 
Clock 

Counter  (synchronized  with  oscillograph) 

9.  9.  3.  4  Auxiliary  Equipment 

a.  Slip  rings  will  be  provided  to  transmit  signals  from 
rotating  components,  such  as  blades  and  shafts,  to  the  appropriate  re¬ 
cording  equipment. 

b.  Sound  Level  measuring  equipment  will  be  included  to 
determine  sound  levels  and  frequencies  for  analysis  of  possible  insula¬ 
tion  requirements. 

9.  10  CARGO  HOOK  FOR  EXTERNAL  LOADS 


An  alternate  mission  for  the  research  aircraft  will  be  demon¬ 
stration  of  heavy-lift  capability  with  external  loading  of  the  payload.  It 
is  planned  to  use  the  cargo  hook  shown  in  Figure  14  to  conduct  these 
heavy-lift  demonstrations.  This  hook  is  to  be  a  commercially  available 
item  and  it  will  have  four  alternate  methods  of  operation  for  release 
of  load: 

a.  A  pilot-operated  pushbutton  which  energizes  a  24-volt 

solenoid. 

b.  A  manual  emergency  release. 

c.  A  touchdown  release  which  automatically  releases  the 
load  upon  contact  with  the  ground. 

d.  A  manual  release  operated  by  ground  personnel. 

The  hook  is  so  located  that  the  line  of  action  of  the  load  will 
pass  through  or  near  the  center  of  gravity  of  the  aircraft,  thus  mini¬ 
mizing  the  moment  due  to  a  stationary  or  swinging  load.  A  sufficiently 
large  opening  is  provided  in  the  floor  to  permit  a  10-degree  conical 
swing  of  the  load  in  any  direction  without  restraining  the  load. 

The  hook  is  attached  by  a  rod  to  a  universal  joint  which  in 
turn  is  supported  by  a  cradle  attached  to  the  rotor  support  structure. 

The  hook,  rod,  and  cradle  may  be  removed  when  the  aircraft  is  not 
used  for  heavy  lift. 
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WHIRL  TOWER  MODIFICATIONS 
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1.  INTRODUCTION 


This  annex  reports  the  equipment  installation  work  tasks  to 
be  performed  on  the  whirl  site  in  support  of  research  and  development 
testing  of  a  twin-engine  helicopter  hot  cycle  rotor  and  propulsion  sys¬ 
tem  for  use  on  a  research  vehicle. 

1.  1  The  work  tasks  are  logically  classified  into  two  categories: 

a.  Removal  of  existing  items 

b.  Installation  of  new  items  on  existing  or  reworked 

hardware. 


These  classifications  are  discussed  in  detail  in  the  body  of 

this  report. 

1.2  Figure  1.2-1  shows  the  single  engine  rotor  unit  during  whirl 

testing  for  the  feasibility  demonstration  program. 
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Figure  1.  2-1.  Hot  Cycle  Rotor  During  Whirl  Test. 
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2.  REMOVAL  OF  EXISTING  EQUIPMENT 


A  listing  of  items  to  be  removed  from  the  whirl  site  is  pre¬ 
sented  below: 

a.  J-57  engine 

b.  J-57  engine  support  and  support  base 

c.  Hot  gas  ducts 

d.  Butterfly  valves 

e.  Hot  gas  duct  supports 

f.  Upper  work  platform 

g.  Work  scaffold  support  posts 

h.  Parts  of  the  lowerable  work  platform 

i.  Control  van  pilot  and  flight  engineer  panels 

j.  Miscellaneous  items  associated  with  items  a.  through 

i.  above. 
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3.  INSTALLATION  OF  EQUIPMENT 


Preliminary  layout  of  the  whirl  tower  facility  includes  all  of 
the  integrated  equipment  required  at  the  whirl  test  site.  This  facility 
will  function  as  the  center  of  development  testing  for  a  twin-engine  hot 
cycle  rotor  and  propulsion  system  to  power  a  helicopter  research  ve¬ 
hicle.  The  following  pages  discuss  the  integral  parts. 

3.  1  INSTALLATION  SEQUENCE 


The  equipment  installation  sequence  of  the  whirl  site  will  fol¬ 
low  the  removal  of  the  items  in  Section  2. 

The  installation  sequence  will  be  dictated  by  the  planned  test 
program.  It  is  of  course  desirable  that  all  the  test  components  simu¬ 
late  as  closely  as  possible  the  detail  design  that  will  be  installed  on  the 
research  aircraft.  However,  the  short  elapsed  time  from  contract  go- 
ahead  to  start  of  whirl  test  precludes  the  availability  of  100-percent 
flight  hardware  for  the  whirl  test.  Accordingly,  in  order  to  accelerate 
the  overall  program,  the  rotor-propulsion  system  will  be  brought  grad¬ 
ually  up  to  flight  configuration  during  the  course  of  testing,  with  the  test 
program  arranged  to  match  this  gradual  build-up.  Instrumentation, 
likewise,  will  be  installed  progressively  as  required  by  each  test.  For 
instance,  the  test  program  includes  initial  tests  of  the  two  T64  engines 
exhausting  into  a  common  duct  without  the  rotor.  To  satisfy  this  re¬ 
quirement,  engines  and  ducts  will  be  installed,  and  engine  and  duct  tests 
will  be  performed.  However,  for  this  phase  of  the  tests,  all  engine 
cowlings  and  fairings  will  be  omitted,  and  only  partial  installation  of  re¬ 
cording  equipment  will  be  required  since  rotor  data  will  not  be  meas¬ 
ured.  Engine  calibration  and  sound  measurements  are  other  examples 
of  items  which  permit  partial  instrumentation.  Further  discussion  on 
installation  build-up  sequence  is  given  in  the  following  sections  of  this 
report. 

3.2  ENGINE  SUPPORT  STRUCTURE 


This  structure  will  support  the  engines,  ducts,  diverter 
valves,  and  tailpipes.  It  will  simulate  the  research  vehicle  as  nearly 
as  possible  with  respect  to  nacelles,  pylons,  and  cowlings.  Hard  points 
on  the  tower  structure  proper  and  the  yaw  control  supports  will  by  ne¬ 
cessity  differ  from  the  flight  vehicle.  A  preliminary  drawing  is  pre¬ 
sented  in  Figure  3.2-1. 

3.  2.  1  Ducting 

Initial  tests  will  be  made  of  the  ducts  between  the  engine  and 
rotating  seal  to  determine  flow  profiles  and  to  obtain  a  preliminary 
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check  of  the  dynamic  behavior  of  twin  engines  exhausting  into  a  common 
duct.  The  ducts  will  be  made  from  Inconel  "X"  by  conventional  forming 
and  welding  methods. 

The  routing  of  the  ducts  is  shown  in  Figure  3.2-1. 

3.  2.  2  Diverter  Valves 

The  diverter  valves  will  be  identical  to  those  of  the  research 
vehicle.  These  valves  are  discussed  in  depth  in  the  preceding  Prelim¬ 
inary  Design  Report,  in  Paragraphs  3.4  and  9.2.2. 

3.2.3  Actuating  Systems 

The  present  rotor  actuators  will  be  used  during  the  initial 
engine  rotor  combination  check-out.  Flight-type  actuators  will  be  in¬ 
stalled  at  approximately  the  fifteenth  hour  of  accumulated  whirl  time. 
These  actuators  are  discussed  in  Paragraphs  9-4.  1  and  9-6  of  the  pre¬ 
ceding  Preliminary  Design  Report. 

Actuator  servos  and  engine  power  quadrants,  and  yaw  con¬ 
trol  valves  will  be  operated  by  cable  linkage.  Blade  tip  cascade  valves 
and  diverter  valves  will  be  operated  by  electric  actuators  and  hydraulic 
pistons  respectively. 

3.  3  REMOTE  CONTROLS 


Remote  controls  are  required  for  the  engine  power  quadrants, 
cascade  valves,  diverter  valves,  rotor  actuators,  and  yaw  control 
valves. 


3.  3.  1  Cable  Controls 


Hand-operated  cable  controls  will  be  utilized  to  control  the 
positions  of  the  engine  power  quadrants  and  rotor  control  actuators. 

The  rotor  control  actuator  cables  will  be  linked  to  a  collective  and  cyclic 
mixer. 

3.3.2  Cable  Linkage 

Footpedal- ope  rated  cable  linkage  will  position  the  yaw  con¬ 
trol  valves. 

3.3.3  Switch 


A  selective  three -position  switch  will  be  used  to  select  di¬ 
verter  valve  position  through  use  of  a  three -position  solenoid  actuated 
piston. 
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Figure  3.2-1.  Layout-Tower  Modification. 
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3*  3.4  A  single-pole,  double-throw  switch  will  be  used  to  close  or 

open  the  cascade  valves. 

3.4  CONTROL  ROOM 


The  additional  instrumentation  for  panel  presentations  and 
permanent  recordings  of  test  data  establishes  a  need  for  more  floor 
space  within  the  control  room.  The  control  room  will  be  extended  6  feet 
in  length.  It  will  be  built  from  the  same  type  of  materials  as  the  exist¬ 
ing  control  room.  This  addition  is  shown  in  Figure  3.4-1. 

The  existing  instrument  panel  will  be  removed  and  a  new  one 
fabricated  to  accommodate  that  instrumentation  called  out  in  Figure 
3.4-2  for  the  pilot  and  flight  engineer. 

3.  5  FUEL  SYSTEM 


The  fuel  system  will  be  identical  to  that  used  for  the  J-57 
during  the  feasibility  demonstration  except  for  changes  associated  with 
two  engines  instead  of  one. 

3.  6  GOVERNING 

Governing  will  be  accomplished  by  the  T64  fuel  control.  The 
power  turbine  signal  input  will  be  accomplished  by  a  hydraulic  pump 
driven  by  the  rotor  accessory  gear  box  coupled  to  a  hydraulic  motor 
mounted  on  the  fuel  control  to  sense  the  speed  of  the  removed  power  tur¬ 
bine.  This  is  discussed  in  Paragraph  9*2.4  of  the  preceding  Prelimi¬ 
nary  Design  Report. 

3.  7  HYDRAULIC  SYSTEM 


Hydraulic  power  will  be  derived  from  two  independent 
sources,  i.e.,  the  T64  engines  and  the  rotor  accessory  drive  gear  box. 
The  power  will  be  utilized  for  actuation  of  the  diverter  valves  and  rotor 
actuators. 

3.  8  ELECTRICAL  SYSTEM 

The  electrical  system  will  consist  of  conventional  utilization 
of  slip  rings,  transducers,  solenoids,  ignitors,  recorders,  etc. 

An  additional  100-ampere,  220-volt,  60-cps  power  line  will 
be  installed  at  the  whirl  site  to  accommodate  the  additional  instrumen¬ 
tation.  Also  to  be  added  is  a  120-volt,  60-cps /24-volt  dc  converter  to 
supply  power  to  two  CEC  recorders. 
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STARTING  SYSTEM 


3.  9 


The  starting  system  will  be  similar  to  that  used  for  the  J-57 
during  the  feasibility  demonstration  of  the  hot  cycle  rotor. 

Air  impingement  at  the  turbine  will  be  used  instead  of  a  pneu¬ 
matic  torque  converter  but  the  same  MA-1  compressor  will  supply  the 
compressed  air.  A  solenoid-operated  air  valve  will  be  installed  in  the 
air  supply  line  to  each  engine  and  be  remotely  controlled  from  the  con¬ 
trol  van  by  a  double -throw,  four-pole  toggle  switch.  This  will  provide 
the  capability  of  selective  single  engine  starting  procedure  and  power-on 
panel  indication. 

3.  10  INLET  NOISE  SUPPRESSOR 

The  T64  engine  inlets  will  be  facing  away  from  the  neighbor¬ 
ing  Loyola  University.  The  noise  level  generated  by  the  T64  engines  is 
not  expected  to  disrupt  normal  activities  or  to  originate  any  complaints 
about  noise.  The  directional  characteristics  of  turbine  inlet  noise  ex¬ 
cludes  it  as  a  problem  to  personnel  in  the  control  van,  surrounding 
areas,  or  Loyola  University. 

The  noise  level  at  different  frequency  bands  and  locations 
will  be  determined  immediately  as  an  initial  phase  of  rotor  and  engine 
installation  and  operation  check-out.  A  decision  will  be  made  following 
this  determination  if  silencing  is  required  and  the  size  and  type  of  inlet 
silencer  to  be  installed.  A  preliminary  installation  is  shown  in  Figure 
3.10-1. 

3.  11  INST  RUMENT  ATION 

The  instrumentation  requirements  are  increased  consider¬ 
ably  by  the  change  of  emphasis  from  a  feasibility  demonstration  to  an 
engine  and  rotor  compatibility  development  directed  toward  actual  flight 
of  a  research  vehicle. 

The  engine  performance  during  the  feasibility  demonstration 
was  of  minor  importance  and  a  minimum  number  of  sensors  were  em¬ 
ployed  to  ascertain  its  proper  operation.  With  an  additional  engine  to 
instrument  and  increased  interest  on  engine  performance  in  regard  to 
transient  conditions,  the  requirement  of  permanent  performance  record¬ 
ings  is  increased.  An  additional  50-channel,  galvanometer-type  recorder 
and  an  additional  potentiometer-type,  144-point  recorder  are  planned  for 
setup.  Flash  timing  will  be  added  and  used  to  synchronize  the  timing 
lines  on  the  galvanometer  type  recorders.  Engine  temperature  and 
pressure  traces  will  be  placed  as  far  as  practicable  adjacent  to  the  de¬ 
pendent  rotor  temperature  and  pressure  traces  on  the  same  recorder  to 
simplify  the  determination  of  interrelationships. 
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Figure  3.4-2.  Engine  and  Rotor  Instrumentation- Whirl  Test. 
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Figure  3.  10-1.  Whirl  Site  Assembly-Hot  Cycle  Research  Program. 
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Pressure  transducers,  total  and  static,  are  to  be  installed 
at  the  rotor  tips  in  each  duct  to  acquire  further  knowledge  of  the  gr..s 
conditions  prior  to  exiting  at  the  cascades.  Present  thinking  consists  of 
three  possible  solutions: 

a.  Conventional  transducers  mounted  near  the  hub  with 
probes  running  the  length  of  the  blade. 

b.  Conventional  transducers  mounted  near  the  rotor  tips 
with  short  probes  running  into  the  ducts. 

c.  A  new  bondable  miniature  transducer  encapsulated  and 
mounted  on  the  airfoil  with  short  probes  running  into  the  ducts.  Proper 
operation  of  either  of  these  methods  is  expected  to  require  development 
because  of  the  elevated  temperatures  and  high  centrifugal  forces. 

Additional  thermocouples  will  be  mounted  in  the  air  spaces 
surrounding  the  engine  and  its  components  to  ascertain  that  the  compo¬ 
nents  have  a  proper  operating  environment  compatible  with  their  speci¬ 
fication  limits. 

Additional  instrumentation  will  be  installed  to  read-out  en¬ 
gine  oil  temperature,  generator  speed,  turbine  exit  temperature  and 
pressure,  inlet  air  temperature  and  pressure,  etc.  Most  of  these  will 
be  recorded  permanently  as  well  as  being  displayed  on  either  the  pilot's 
or  flight  engineer's  panel. 

Cascade  valve  position,  crack  wire,  and  hub  tilt  stop  indi¬ 
cators  will  be  installed  and  wired  through  a  slip  ring  to  give  a  visual  in¬ 
dication  on  the  pilot's  panel. 

A  preliminary  drawing  of  the  instrumentation  with  pilot's 
and  flight  engineer's  instrument  panel  requirements  is  shown  in  Figure 
3.4-2. 


3.  12  COOLING  SYSTEM 

The  T64  engine  will  be  installed  on  the  whirl  tower  without 
cowlings  for  the  initial  phase  of  testing.  This  will  permit  visual  inspec¬ 
tion  of  engine  fuei.  and  oil  fittings  and  external  components  during  engine 
run-up.  There  will  be  sufficient  air  circulation  to  allow  running  within 
temperature  limit  specifications. 

Engine  cowlings  will  be  installed  at  approximately  the  15- 
hour  whirl  test  time  accumulation.  These  cowlings  will  be  of  the  same 
design  as  used  on  the  research  vehicle.  Recessed  louvers  will  be  formed 
in  the  cowlings  to  admit  cooling  outside  air.  Provisions  will  be  made  to 
utilize,  if  necessary,  14-stage  compressor  bled  air  to  induce  pumping 
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of  nacelle  air  through  air  ejector  which  exhausts  outboard.  This  ejector 
is  shown  in  Figure  21  of  the  preceding  Preliminary  Design  Report.  En¬ 
gine  oil  will  be  cooled  by  a  fuel  flow  cooled  heat  exchanger  mounted  on 
the  engine.  Rotor  oil  will  be  cooled  by  an  ambient  air  heat  exchanger. 

The  fore  and  aft  spars  of  the  rotor  blades  will  be  cooled  by 
the  centrifugal  pumping  of  air  outboard  through  the  passages  formed  by 
the  leading  edge  and  trailing  edge  fairings. 

3.13  LUBRICATION  SYSTEM 


The  lubrication  system  of  both  the  engine  and  rotor  are 
shown  in  schematic  form  in  Figure  3.  13-1.  Provisions  for  pumping 
rotor  lubrication  oil  will  be  made  within  the  rotor  accessory  drive  gear 
box.  The  engine  oil  will  be  pumped  by  its  own  components  accessory 
drive. 

3.  14  MAINTENANCE  SUPPORT  EQUIPMENT 

The  removal  of  items  f,  g,  and  h  in  Section  2  to  make  space 
for  the  installation  of  two  T64  engines,  diverter  valves,  and  ducts  de¬ 
letes  the  work  platforms  required  for  maintenance  and  inspection. 
Therefore,  it  is  planned  to  install  a  removable  hoist,  an  engine  work 
platform,  a  rotor  work  platform  and  access  stairways,  and  to  rework 
the  lowerable  blade  work  platform.  Rented  compressor  equipment  dur¬ 
ing  the  feasibility  demonstration  proved  inadequate;  therefore,  a  2 -inch 
compressed  air  supply  line  will  be  installed. 
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Figure  3.  13-1.  Engine  and  Rotor  Lubrication  Systems-Schematic. 
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